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I  SUMMARY 


Contract  DA-44-177-TC-584  with  the  Army  requires  that,  in  addition  to  "bi¬ 
monthly  technical  progress  reports,  comprehensive  reports  of  major  work 
phases  be  prepared  and  submitted  to  the  contracting  officer.  Previous 
reports  submitted  under  this  requirement  are: 

X353-5  Fan  Design  Report,  May  30,  i960 

Fabrication,  Test  and  Analysis  of  a  Tip-Turbine  VTOL  Propulsion 
System  (Report  of  Phase  I,  Static  Tests,  Fuselage  Mounted 
X353-5)  1®EC  60-42,  August  31,  i960. 

Results  of  Wind  Tunnel  Tests  of  a  Full  Scale  Fuselage  Mounted 
Tip  Turbine  Driven  Lift  Fan  (X353-5)  Phase  II  Volume  1  of  3, 
fflEC  61-15,  January,  1961. 

This  is  the  required  report  f.or  another  major  portion  of  Phase  II  contract 
work.  It  includes  additional  results  for  the  full  scale  fuselage  mounted 
X353-5  lift  fan  obtained  during  a  second  test  of  30  hours  duration  in  the 
Ames  40'  X  80'  wind  tunnel.  The  report  includes: 

-  Modifications  to  test  equipment  (Section  II ) 

-  New  instrumentation  (Section  III) 

Test  procedures  and  results  (Section  IV) 

Analysis  of  test  results,  conclusions  and  discussion  of  any 
problems  encountered  (Section  V.) 

-  Hardware  Inspection  Results  (Section  VI ) 


Program  Recommendations  (Part  VII ) 


The  basic  test  data  obtained  for  every 
Appendix  A.  A  few  items  of  summary: 

Fan  operating  time  -  29  hours 
Data  points  recorded  -  824 
Range  of  Variables  tested  - 

-  Tunnel  speed 
Angle  of  attack 
Fan  speed 
Exit  louver  angle 
Wing  flap  angle 
Tail  position 

Tail  configuration 

Tail  incidence  . angle 

-  Pitch  reaction  control 
J85  engine  speed 
J85  turbine  discharge  bleed 

-  Tunnel  temperature 


test  point  are  tabulated  in 


44  minutes 


0  to  100  Knots 
-8°  to  +16* 

0  to  2640  RPM  (100$) 

-1°  to  +49“ 

0°,  50*,  40° 

0.2  and  0.4  b/2  above  extended 
wing  chord  plane 

With  and  without  full  span, 
split  flap 

0*  to  25° 

0  to  +5000  Ft.  Lbs. 

0  tc  16, 5p0  RPM  (100$) 

6$  of  J85  inlet  flow 
52°  to  102 °F 


Analyses  of  the  results  are  presented  in  considerable  depth  defining  fan  hover 
performance  and  variation  with  flight  speed,  comparing  fan  powered  with 
basic  aircraft  performance  and  calculating  various  transition  performance 
characteristics  and  configuration  requirements  for  cases  of  maximum 
acceleration,  maximum  climb,  controlled  descent,  unaccelerated  level  flight 
and  short  take  off  (with  and  without  overloads).  A  few  items  of  performance 
conclusions  are  listed  below: 

V  v  . 
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The  basic  aircraft  (fan  not  operating)  exhibited  a  more  favorable  static 
•longitudinal  stability  derivative  for  the  case  with  the  fan  inlet  duct 
’  •„  open  than  with  the  duct  closed  off  (dCM/dCL  =  -0.22  versus  -0.14). 

, Throughout  a  flight  speed  range  sufficient  for  take  off  transition,  the 
level  of  total  pressure  at  the  rotor  face  was  equal  to  the  zero  flight 
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,  speed  level  plus  100#  of  the  flight  dynamic  head. 

Neither  angle  of  attack  nor  angle  of  yaw  had  an  appreciable  effect  on 

||  VT  ", 

inlet  rerformance  over  a  wide  range  of  the  variables.  Combined  high 
-  * 

angle  of  attack  and  large  angle  of  yaw  caused  inlet  performance  to 
drop  to  a  level  equivalent  to  operating  without  an  inlet  vane. 

*  -  Measured  fan  performance  at  hover  was  7050  pounds  lift  at  100#  speed 
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*-  The  general  character istics  of  interaction  lift  and  drag  were  similar. 
Both  coefficients  (C  and  C  .  )  decreased  with  increased  vJVtl 

ratio  and  3 ,  and  were  not  ini’luenced  by  angle  of  attack  variations  in 
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the  range  of  a  =  -U°  to  +8°.  The  maximum  interaction  lift  measured  was 
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equivalent  to  a  =  0.37* 

*  .  During  transition,  there  is  little  or  no  interaction  lilt  at  the  maximum 
conversion  speed,  but  the  drag  of  the  aircraft  is  increased  by  an 
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additional  =  0.06. 


Tail  downwash  was  not  significant  except  when  the  exit  louver  angle  was 
set  at  0°.  The  tail  position  (i.e.,  high  vs.  low)  made  only  a  slight 
difference  in  the  results.  Increased  downwash  experienced  with  the  tail 
in  the  low  position  varied  with  Vp/V^.  from  2°  to  l/ 2  . 

'Denotes  where  conclusion  given  here  may  be  somewhat  more  encompassing  or 
different  from  that  listed  in  Voi~^  I  and  should  therefore  be  considered 
as  superseding. 
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Pitching  moment  coefficient  decreased  at  the  very  high  velocity  ratios 
indicating  that  the  maximum  trim  control  criterion  will  be  determined  at 
low  velocity  ratios  (normally  encountered  in  take  off  transition). 

Aside  from  the  nose  up  pitching  moment  due  to  vectoring  the  fan  dis¬ 
charge,  the  largest  contributions  to  nose  up  moment  resulted  from 
negative  pressures  on  the  top  of  the  fuselage  ahead  of  the  fan  and 
on  the  bottom  of  the  fuselage  behind  the  fan.  The  contribution  from 
each  of  these  low  pressure  zones  appeared  to  be  about  equal. 

In  the  transition  analyses  the  following  results  were  calculated :  - 


The  maximum  trim  control  requirement  (in  addition  to  the  tail 
lift)  was  about  7^>  of  gross  weight,  in  terms  of  reaction  control 
force  located  at  the  tail,  and  was  required  for  either  the  case 
of  maximum  acceleration  or  maximum  climb. 

Maximum  acceleration  was  shown  to  be  0.29  6  during  level  flight. 

The  time  from  hover  to  conversion  speed  was  32  seconds  and 
required  a  distance  of  3340  feet. 

Maximum  deceleration  was  -0.26  g  during  level  flight.  The  time  from 
conversion  to  hover  was  about  42  seconds  and  required  a  distance 
of  2900  feet. 

Maximum  rate  of  climb  was  1380  fpm  at  Vp  .  65  knots  (©  >  12°). 

A  landing  transition  at  constant  attitude  required  approximately 
60  seconds  and  a  distance  of  4000  feet. 


# 

Analysis  of  short  take  off  ground  run  followed  by  airplane 
rotation  to  maximum  climb  condition  to  clear  a  50  foot  obstacle 
showed  the  following  distances: 


Take  Off  Weight 
Max.  Installed' Lift 


Distance  to  Clear 
50  Foot  Obstacle 


1.0 

509 

1.1 

862 

1.2 

1195 

MECHANICAL 

-  Angle  of  attack  did  not  affect  rotor  stress  characteristic  except 
for  a  slight  increase  when  the  wing  was  stalled. 

-  Yaw  had  a  negligible  influence  on  rotor  stress. 

-  Crossflow  and  p3  variations  did  not  influence  blade  flexural  and 
torsional  modes  of  vibration. 

-  Increased  crossflow  and  (3  setting  did  slightly  increase  the  cosine 

2  0  mode  in  the  rotor  at  normal  fan  operating  speeds,  but  the  values 
were  low  relative  to  running  limits. 

Running  stress  limits  were  exceeded  transiently  during  deceleration 
through  the  rotor  critical  speed  at  60  knots  flight  speed  with  exit 
louvers  at  35° >  however,  this  value  was  within  the  absolute  limit. 

-  Up  to  10  knots,  stress  levels  were  unaffected  by  removal  of  the 
:.riet  vane.  At  60  knots  and  above,  both  flexural  and  torsional 
modes  increased  slightly. 

*The  analysis  of  the  STO  performance  is  based  on  data  obtained  with  an 
installation  height  to  fan  diameter  ratio  =  3.0.  A  more  complete  STOL 
analysis  will  be  presented  in  Volume  3  which  will  Include  ground  effect 
test  results  with  h/dp  values  of  0.9  and  1.5. 
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Torque  band  stress  (tangential)  was  reduced  for  the  design  used  in 
this  test;  however,  6  tangential  cracks  were  noted  in  the  bands 

“““““  “  lluula  of  testing.  Continued  testing  showed  no  new 
cracks  or  propagation  in  completing  the  JO  hours  of  testing. 

Redesign  of  the  torque  band  will  be  required  to  eliminate  the  crack 
incidence. 


Hardware  inspection  after  disassembly  showed  no  other  significant 
deficiency,  and  the  hardware  was  generally  in  excellent  condition. 


II  WIND  TUNNEL  MODEL 


* 

AIRCRAFT  MODIFICATIONS 

In  order  to  improve  the  model  and  to  extend  the  test  variables,  some 
changes  were  made  for  this  test  period: 

Flaps  -  Flaps  initially  extended  from  20$  to  100$  of  the  wing  semi¬ 

span  distance.  During  this  testing,  they  extended  from  20$ 
to  60$  of  the  wing  semi-span,  and  were  adjustable  to  40°. 

Ailerons  -  The  part  of  the  flaps  from  60$  to  100$  of  the  wing  semi¬ 
span  were  converted  to  ailerons  which  could  be  preset  at 
0°,  +15°  and  +  30®  to  provide  lateral  control  force. 

Drag  Shape  -  A  streamlined  body  was  placed  behind  the  J85  engine  and 

elbow  to  reduce  flow  separation  in  that  area  and  to  reduce 
the  yaw  force  due  to  asymmetric  drag  present  at  high  tunnel 
and  fan  speed  conditions.  The  J85  engine  mounts  were  also 
covered  with  streamlined  fairings. 

FAN  MODIFICATIONS 

Fan  oerial  Number  301  was  overhauled  for  use  in  this  test  program.  It  is 
the  same  fan  used  in  the  immediately  preceding  wind  tunnel  test  program  for 
this  same  fan -in -fusel age  model  (see  Reference  10  for  a  discussion  of  the 
teardown  inspection  results).  Several  parts  were  replaced  as  follows:  - 

Forward  Frame  : 

1.  Trunnion  mount  bolts  (to  assure  maximum  locking  action). 

3 ix  Pieces  of  scroll  seal  (cut  to  longer  length  to  provide  more  overlap). 

-  ■  —  — 

figure  1,  Appendix  E  shows  the  aircraft  model  dimensions  and  general 
specifications.  This  supersedes  Figure  3>  page  14  in  Volume  1,  and 
is  based  on  measured  rather  than  drawing  dimensions. 
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Rotor : 


1.  Two  covers  (replacing  one  with  a  crack  indication  and  another 
with  a  loose  locknut ) . 

2.  Disc  tie  bolt  nuts  (to  assure  maximum  locking  action). 

3.  Retainer  pin  locking  tabs  (expendable). 

4.  Forward  and  aft  torque  bands  (the  aft  torque  band  was  replaced 
to  retain  a  pair  with  identical  operating  history). 

Failure  of  the  forward  torque  band  was  discussed,  in  detail  in 
Reference  10.  A  design  change  incorporated  in  this  assembly 
was  based  on  the  incidence  of  cracks  only  at  the  Joint  of 
adjacent  carriers,  the  failure  location  being  an  indication 
that  the  discontinuity  caused  by  individual  carriers  is  not 
reflected  in  the  basic  design  analysis  which  considers  the 
boundary  conditions  to  be  identical  at  all  torque  band  attachment 
ears . 

The  absence  of  cracks  in  the  torque  transmission  attachment  ears 

was  an  indication  that  the  calculated  steady-state  stresses 

and  the  measured  axial  bending  vibratory  stresses  at  these  ears 

were  within  the  stress  range  properties  of  the  band  material. 

The  design  change  was  a  method  of  reducing  the  steady  state 

stresses  and  effectively  redistributing  the  vibratory  bending 

stresses  away  from  the  ear-band  radius  at  the  adjacent  carrier 

joint.  The  change  consisted  of  a  small  machined  tab  which  was 

bolted  across  the  carrier  joint.  The  construction  of  the  tab 

included  a  tapered  "foot"  to  beam  against  the  band  as  shown  in 
* 

Figure  2  during  steady  state  loadings. 

In  addition  to  the  tab,  all  indications  of  intergrannular  attack 
at  the  ear -band  radius  were  removed,  and  the  torque  band  strain 
gages  were  relocated  to  measure  axial  bending  vibratory  stresses 
in  line  with  the  carrier  joint. 

*A11  Figures  and  performance  curves  are  located  in  Appendix  B. 
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The  completely  assembled  rotor  Is  shown  in  Figure  3. 


Scroll: 

1*  .  Serlal  Number  001  scroll  was  used  in  place  of  Serial  Number 
002.  This  was  done  to  make  Serial  Number  002  available  for 
a  concurrent  test  program  using  Fan  002  at  Evendale  which 
*  '  will  be  reported  separately.* 

2.  The  scroll  end  mounts  were  also  interchanged. 

ENGINE  CHANGE 

The  most  significant  change  lr.^the  test  equipment  from  the  previous  program 
was  the  substitution  of  a  J85-7*for  the  J83-3  engine.  The  J85-7  is  a  more 
advanced  version  of  the  J85  missile  engine  with  a  significantly  higher 
cycle  pressure  ratio  due  to  an  additional  compressor  stage.  The  engine 
change  allowed  fan  operation  up  to  100%  fan  speed. 

w'ith  the  J85-3»  the  scroll/erglne  area  mismatch  was  so  large  that  about 
13^  turbine  discharge  bleed  was  required  to  operate  the  engine  within 
temperature  limits.  With  the  J85-7  and  the  scroll  selected  for  powering 
the  far.  used  in  this  test  program,  an  area  mismatch  still  required  about 
6%  bleed.  The  basic  engine  power  however  is  sufficiently  in  excess  of 
specification  so  that  100^  fan  speed  was  still  achievable  even  with  this 
amount  of  bleed. 


•The  erfect  of  this  scroll  chaige  on  fan  turbine  efficiency  will  be 
discussed  in  3ecticn  V  of  this  report. 

♦*s/n  233  -  003 


IV  TEST  PROCEDURES  AND  RESULTS 


Table  1  gives  a  summary  of  the  test  runs  and  the  range  of  variables 
encompassed.  Table  2  shows  the  breakdown  of  fan  operating  time  as  a 
function  of  speed  and  fan  turbine  inlet  temperature.  The  testing  reported 
herein  was  accomplished  with  Fan  Serial  Number  001  -  Build-Up  #3.  The 
testing  was  conducted  with  essentially  the  same  procedures  described  in 
Volume  1,  Section  V. 

MEASUREMENT  ACCURACIES 

The  velocity  probe  located  on  the  nose  of  the  aircraft  was  used  to  obtain 
a  calibration  between  velocity  measured  upstream  of  the  model  and  velocity 
near  the  model. 

As  expected,  the  velocity  measured  by  the  probe  at  low  velocity  ratios 

was  considerably  higher  (as  much  as  than  the  velocity  used  for 

calculation  of  the  airplane  coefficients.  This  was  especially  true  for 

exit  louver  angles  of  0°.  Figure  6  shows  the  ratio  of  the  two  velocities 

as  a  function  cf  velocity  ratio  (Vp/V  )  an<i  exit  louver  angle.  The 

velocity  as  measured  by  this  probe  is  corrected  by  a  ratio  obtained  during 

runs  with  the  fan  off.  This  ratio  was  measured  as  q  ,/q  =  1.08. 

^tunnel'  ^probe  ’ 

and  is  caused  by  the  combination  of  blockage  and  other  inaccuracies  such  as 
wall  effect  (i.e.,  proximity  of  probe  to  the  nose  of  the  aircraft).  The 
readings  obtained  from  this  velocity  probe  were  used  only  as  a  qualitative 
means  of  understanding  the  relatively  high  interaction  drag  phenomenon 
encountered  at  low  velocity  ratios  at  f3  =  0°  which  was  observed  during  the 
previous  test  period  and  also  during  this  testing.  In  order  to  be  consis¬ 
tent  with  any  other  similar  data,  the  tunnel  velocity,  as  measured  by  the 
conventional  tunnel  velocity  measurement  instrumentation,  has  been  used 
in  all  quantitative  calculations  unless  clearly  stated  otherwise. 


-13- 


1 


TABLE  1 

SUMMARY  OF  TEST  RUNS 


Run 

No .  Date 

1  10/26 

2  10/51 

5  10/51 


9  11/2 

9  U/2 

10  11/2 
U  U/2 

12  U/J 

15  U/J 

14  U/4 

13  UA 

16  11/4 

17  UA 

18  11/4 

19  11/4 

20  U/7 

21  U/7 

22  11/8 


24  U/8 

23  11/9 

26  11/10 
2^  11/10 

28  11/14 

29  U/14 

50  u/14 

31  11/14 

52  U/14 

33  U/13 

5*  U/13 

33  U/13 

36  n/16 

37  I  11/16 

38  I  U/16 


60  -4  to  *16  0 

20  -  60  -  4  to  *16  1630  -  1700 

20  -  60  0  2300  -  2330 


2300  -  2330  0  Off 

2330  -  2640  0  Off 

24?0  -  2320  c  Off 


20  -  80  -8  to  *16  1330  -  1720  50 

3°  -  80  -8  to  ♦A  1690  -  1760  50 

40  -4  to  *14  0  50 

20  -  80  -4  to  *14  0  30 

20  -  100  -3  to  *6  2330  -  2340  30  I 

60  -4  to  *12  0  50 


HI  poa . 

0 

90 

HI  poa. 

0 

0  -  33 

HI  poa. 

0 

0 

HI  poa . 

0 

20  -  33 

HI  poa . 

0 

90 

HI  poa . 

0 

90 

1  HI  poa 

9.3  -  11.8 

-1  -  *40 

I  0  0  2600  -  2640  30 

I  20  -  80  0  1630  -  2300  0 

20-8o  -8  to  *14  1640  -  1700  50 

0  0  0  30  I 

40  -  60  -8  to  *14  0  30 


0  0  50 

20  -  80  -8  to  *12  1680  -  2430  40 

20-8o  -8  to  *14  0  40 

60  -  100  -4  to  *10  2400  -  2320  30 

40  -  80  0  0  30 

60  8  0  30 

|  20  -8  to  *16  1670  -  1720  30 

40  0  to  *14  U60  -  1720  30  ' 

60  -8  to  *14  0  30  I 

20  0  1690  -  1730  30 

40  -8  to  *10  1700  -  1720  30 

60  -8  to  *10  1680  -  1710  30 

80  -8  to  *10  1690  -  1720  30 

60  -8  to  *10  1690  -  1700  30 

0  -  10C  0  U60  -  2400  30 

20  -  80  0  1690  -  1730  30 

30  -  60  -8  to  *14  1660  -  1700  30 

20  -  40  -8  to  *14  0  30 

60  -  80  -8  to  *16  0  30 

0  -  60  -4  to  *16  0  50 


8 

-8  to  *16 
0  to  *14 
-8  to  *14 

0 

-8  to  *10 
-8  to  *10 
I  -8  to  *10 
-8  to  *10 


0  -  Lo  pea . 
0  -  Lo  poa. 
0  -  Lo  poa. 

0  -  Lo  poa. 
0  -  Lo  poa. 
0-24  Lo  poa . 

0-24  Lo  poa. 
0-23  HI  poa. 
0  -  HI  poa. 
0-15  Ml  Lift 
Tall 

0-18  HI  Lift 
Tall 

0  -  HI  poa. 

0  -  HI  poa. 

0  -  HI  poa . 

0  -  HI  poa. 
0-20  HI  poa . 
0  -  HI  poa. 

0  -  HI  poa. 

0  -  HI  poa. 

0  -  HI  poa. 

I  0  -  HI  poa. 

0  -  HI  poa. 

0  -  HI  poa. 
0-20  HI  poa . 
0-1 6  HI  poa. 

0  -  HI  poa. 


0-9.5  0-26 

0  90 

0-9.9  24-40 


90  0 

90  -16  to  *16 

0-35  -16  to  *8 
0-35  -16  to  *8 

90  -16  to  *8 


90  |  0 

90  I  -16  to  0 


I  Checkout  of  aodcl  and  aircraft  polar. 

Powered  aircraft  polar  and  atall  detsrmloetlon  at  various  velocity  ratios. 

Pov.r.d  tlxcrifl  i-rfor-mr.  •*  .  fimctloo  of  ..It  lou«r  ..ttla,  ul  v.loclty  r.tlo  .t 
hl4h  fan  apaada  -  harlzootal  tall  off. 

Static  fan  performance  vereue  salt  louver  poa It lon-overhead  door  opened. 

Contlouatloo  of  Hun  #3  at  higher  velocity  ratio. 

Aircraft  polar-power  off. 

“  Huns  #3  and  »3,  but  with  tall  on. 

Powered  aircraft  polar,  atablllty  and  atall  loveatlg'tloo. 

Powered  aircraft  polar,  atablllty  at  various  exit  louwer  settings. 

Aircraft  polar-power  off. 

Aircraft  polar -power  off. 

Trim  aircraft  at  6 300  Lba.  G.V. 

Aircraft  polar -power  off,  taU  low  position. 

Hl4h  speed  fan  per foraance -overhead  doors  opened. 

iTeurmS.""’'  ror  n*»  “a  “U  ,a*°  •*»  ««1.. 

Sane  as  Hun  «  eaecpt  with  tall  in  low  position. 

Calibration  of  pitch  reaction  control 

i££«’£u,iorPjrii.p<>,m“  "”p  -4  p"ch  r*“““  •<-*■•«»  « 

Tall  sweep  at  20  knots. 

Powered  aircraft  polar  and  tr la  at  6 300  Lba.  G.V. 

Aircraft  polar -power  off. 

Tria  aircraft  et  9000  Lba.  (STOL). 

Hldh  lift  tall  aweep  and  calibration. 

Yewler- power  ofr. 

Tawler -power  oo,  20  knots. 

Tewler -power  oo,  40  knots. 

Polar  et  various  yew  angles  -  power  off. 

Tall  dovnvaah  Investigation. 

Stability  et  louver  settles  of  20  and  33  degrees. 

Tewler  et  60  knots. 

Tewler  et  8o  knots. 

Stability  et  louver  settings  of  20  and  33  degrees 

SiSrjTJi'Sa  2T42S  XS  SS2S-  “  —  —  — 

“**  r«c^;  lol.t  lo..  f-  —  1x=r.«  poxrc^e.  rai(tat. 

Polar -power  oo  with  Inlet  louver  raond. 

For,r  orr  palr-ra,  lnl.t  OJ.n.4,  ^  UU  pcltlo.  Mlrtr.tloo. 

Sane  as  Run  #36  at  60  -  80  knots. 

“1*r0"  .rr.cti w>...  c^ltc.tl00)  roU  r.— rtion  .rr.ct.™,...,  ^  off. 
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TABLE  2 

SUMMARY  OF  LIFT  FAN  OPERATING  TIME 
_ (Fan  Serial  Number  OOl) _ 


Speed  Range,  N_ 

V 

(Per  cent) 

B/U  #la 
Even. 

B/'U  #2b 

Even.  Ames . 

B/U  #3 
Ames 

Total 

o 

1 

ru 

-F-" 

5:02 

1 :08 

• 

~ 

9:10 

25  -  19 

2:13 

7:23 

5: 08 

t:10 

19:21 

\J\ 

o 

1 

-F' 

9:52 

5:57 

12:01 

16:13 

11:33 

75  -  89 1 

90  -  100  ) 

1:29 

2:11 

3 :08 

1:06 

7:*5 

15:19 

TOTAL 

19:06 

19:39 

20:17 

29:11 

88 :56 

Temp.  Range,  T+ 
(Deg.  F) 

5.1 

0  -  599 

8:20 

5:09  * 

- 

- 

13:29 

600  -  ^99 

1:57 

1:49 

- 

5:05 

9:01 

800  -  8 99 

7:19 

7:05 

:28 

15:17 

30:39 

900  -  999 

1:00 

1:39 

11:22  ■■ 

1:21. 

21:22 

1000  -  1200 

- 

:  57 

'  5:27  ■ 

8:01 

11:25 

TOTAL 

19:06 

19:39 

20:17  ' 

29:11 

88  r  56 

Data  Points 

71 

66 

318° 

539C 

1021 

a.^  _ 

Reference  5 
^'Reference  10 

c . 

Not,  including  basic  airplane 
additional  I76  data  points. 

data  with  fan 

off  which 

represents 

an 

The  test  results  are  presented  in  Table  A-2,  Appendix  A.  The  following 
items  in  this  table  are  direct  readings  (incorporating  appropriate 
calibration):  tunnel  speed  (V  ),  fan  speed  (Np),  tunnel  temperature, 

aircraft  angle  of  attack  (a),  exit  louver  angle  (p),  tail  incidence 
angle  (i, ),  reaction  control  output  (RC),  flap  deflection  angle  (5„), 
engine  speed  (N  q,_)  and  exhaust  gas  temperature  (EGT).  The  other  items 
in  the  table  have  beer  converted  from  direct  measurements  by  means  of  the 
relationships  outlined  in  the  list  of  definitions  and  symbols  in  Table  A-l, 
Appendix  A.  These  calculations  were  accomplished  as  follows: 

-  All  the  force  data  (lift,  drag  and  moments)  were  reduced  on  the 
IBM  70^  computer  operated  by  NASA-Ames.  The  standard  40'  X  80* 
wind  tunnel  calculation  program  was  used  with  proper  constants 
applied  for  this  particular  conf iguration. 

-  The  internal  fan  performance  data  reduction  was  accomplished  at 
Evendale  also  using  an  IBM  70A  computer  and  an  existing  lift  fan 
program  deck. 

-  All  other  fan/ aircraft  performance  calculations  were  made  manually 

as  described  in  the  section  on  analysis  of  results,  where  appropriate. 

•  ■  .  '  ''A-  v  . 


V  ANALYSIS  OF  RESULTS 


A.  GENERAL  CONSIDERATIONS 
J85  Engine : 

The  J85-7  engine  U6ed  during  this  test  develops  a  considerably -higher 
power  level  than  the  -J  engine  used  previously.  In  addition,  the 
control  utilizes  a  continuously  variable  compressor  bleed  schedule 
throughout  the  speed  range  which  provides  more  stall  margin  and  a 
wider  fan  speed  operating  range.  Due  to  the  change  of  scrolls,  an 
area  mismatch  between  the  scroll  and  the  engine  discharge  still 
existed  and,  throughout  most  of  the  runs,  approximately  6$  of  the 
turbine  discharge  weight  flow  was  bled  off.  This  paragraph  deals 
with  the  operating  characteristics  of  the  engine  which  are  not  as 
encountered  with  a  normal  engine  installation  that  does  not  require 
turbine  discharge  bleed,  and  the  operating  characteristics  are  there* 
fore  different  than  described  in  engine  manuals.  The  fan  performance, 
can,  of  course,  be  expressed  as  a  function  of  available  horsepower 
and  actually  becomes  independent  of  the  gas  generator.  The  total 
available  horsepower  at  stations  5.1  and  5.4  is  shown  in  Fig,ure  7 
as  a  function  of  engine  speed.  The  losses  in  the  elbow  (including 
diffuser)  and  scroll  were  assumed  to  be  the  same  as  for  all  previous 
tests  and  are  plotted  as  a  function  of  station  5.1  Mach  number  in 
Figure  8.  The  turbine  discharge  temperature  as  a  function  of  engine 
speed  is  shown  in  Figure  9  . 

Bleed  Thrust : 

Because  of  the  reduction  in  bleed  requirements  by  approximately  a 
factor  of  two,  the  bleed  thrust  was  reduced  by  a  factor  of  4,  or  it 
was  at  most  around  25  pounds,  and  is  disregarded  in  all  the  analyses 
(moment  caused  by  this  thrust  is  also  disregarded). 
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Turning  Angle : 


Based  on  an  extensive  analysis  of  hover  data  (by  calculating  the  turning 
angle  from  horizontal  and  vertical  thrust  measurements),  the  actual 
turning  angle,  0V,  of  the  exit  louvers  was  3.2°  more  than  the 
physical  angle,  f3.  (This  was  reported  as  approximately  30  in 

Volume  1  and,  because  it  is  a  function  of  the  assembly  of  the  exit; 
louvers  and  the  tolerances  in  all  the  actuator  linkages,  this  will 
be  a  slightly  diilerent  value  for  each  fan.  ) 


B •  BASIC  AIRCRAFT  PERFORMANCE  (Fan  Off) 


The  Aircraft  Drag  : 


Aircraft  drag  was  high  for  the  reasons  described  in  Volume  1. 

Some  small  changes  were  made  on  the  installation  to  reduce  yaw 
oscillations  at  high  flight  speeds;  however,  the  effect  on  drag 
was  small.  For  comparison,  the  values  of  CD  as  measured  at  zero 
lift  conditions  are  shown  in  Table  3  below  (fan  inlet  and  exit  closed). 


TABLE  3 


VARIATION  OF  C  WITH  A/C  CONFIGURATION 


Flap  Position 

0° 

0  ° 

0° 

15° 

15° 

30°  (Full  Span) 
30°  (Full  Span) 
30°  (.2  -  .6  b/2) 

30°  (.2  -  .6  b/2) 

30°  (.2  -  .6  b/2) 

40°  (.2  -  .6  b/2) 


Tail  Position 

Oi 
Q 
O  1 

Test  Pi 

Off 

0.100 

1st 

High 

0.105 

1st 

High 

0.110 

2nd 

Off 

0.115 

1st 

High 

0.120 

1st 

Off 

0.150 

1st 

High 

0.155 

1st 

High 

0.145 

2nd 

Low 

0.160 

2nd 

High 

0-155* 

2nd 

High 

0.170 

2nd 

*  "  - - * - 

Data  obtained  with  inlet  hole  uncovered. 


Because  of  the  change  in  flap  configuration,  only  the  6=0®  case 
for  the  first  and  second  test  periods  is  directly  comparable  (i.e.. 


0.105  versus  0.110). 

Aircraft  polars  (CL  vs.  CD,  a  and  CM)  are  plotted  in  Figures  10 
through  11  which  take  into  account  the  configuration  changes 
incorporated  for  this  test  period.  . 

Lift: 

Lift  h arac ter i sties  are  similar  to  the  ones  obtained  during  the  ... 
first  phase  of  Ames  testing.  Maximum  lift  coefficient  with  JO®  flaps 
tail-on,  nigh  position)  was  about  1.5,  and  with  10°  flaps  about  1.1. 

-‘-ail  Downwash  and  Tail  Control  Effectiveness ; 

Three  different  tail  configurations  were  tested* 

* 

1.  High  tail  position  (same  as  during -previous,  test  period) 
j.D-'ated  0.4  b/ 2  above  the  wing  chord  plane, 
c-.  Low  tail  position  located  0.2  b/ 2  above  the  wing  chord  plane. 
High  lift  tail  in  same  location  as  number  1  with  a  full  span 
split  flap  set  at  '30®  (see  sketch  below). 


‘  "  -19-  '  *  • 


The  change  in  moment  coefficient  due  to  the  tail,  AC^,  is  plotted 

in  Figure  15.  Adding  the  split  flap  to  the  tail  located  in  the  high 

position  resulted  in  a  4-7$  increase  in  AC.,  .  As  far  as  actual 

M  max 

ability  to  produce  pitch  control  moment,  the  low  and  high  tail 
positions  were  about  equal.  The  low  tail  position  however  encountered 
approximately  2°  more  downwash  (3°  vs.  1°)  so  that  a  tail  incidence 
angle  schedule  for  equivalent  tail  control  power  would  be  2°  offset 
from  a  high  tail  schedule. 

During  the  previous  test,  the  downwash  was  determined  from  a  comparison 
of  test  runs  with  the  tail  on  and  off,  and  these  results  were  used 
again  for  this  report  in  determining  the  AC^  -  i  relationship  for 
the  high  tail  positions  in  Figure  15. 

The  low  tail  configuration  added  to  the  program  during  this  test 
period  was  tested  only  with  the  wing  flap  angle  set  at  30*  (0.2  to 
0.6  b/2),  and  there  is  no  corresponding  tail  off  data  for  direct 
comparison.  The  tail  downwash  for  this  configuration  was  obtained 
from  an  estimated  value  of  at  a  =0*  and  5f. =  30°  corresponding 
to  a  tail  off  condition  as  follows; 

-  From  the  previous  test  period 

cM  @  a  =  0°,  •5f  =  0°  =  +0.08  ,  * 

CM  @  a  =  0",  Bf  =  30°  (full  span)  =  -0.21 

The  ACm  between  the  0°  and  30*  (full  span)  flap  cases  is,  therefore, 
-0.29.  Since  only  approximately  57$  of  the  wing  area  is  influenced 
by  the  0.2  to  0.6  span  flaps,  the  tail  off  CM  for  this  new  wing 
configuration  is  estimated  as:  0.08  +  [O.57  X  (-0.29)]  =  -0,09. 

Due  to  large  scatter  in  pitching  moment  data,  the  attempt  at  trying 
to  determine  tail  downwash  variation  with  angle  of  attack  had  to  be 
abandoned. 
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Ailerons : 


Aileron  effectiveness  as  a  function  of  aileron  angle  is  shown  in 
Figure  16. 

Static  Longitudinal  Stability  (Fan  Off): 

Table  4  shows  a  comparison  of  the  static . longitudinal  stability- 
derivatives,  dCy/dC^,  for  the  various  flap  configurations'  tested. 
Apparently,  uncovering  the  fan  inlet  hole  (exit  louvers  still  fully 
closed)  reduces,  the  inherent  instability  of  the  fuselage  (refer  to 
Appendix  B-I,  Volume  l). 


TABLE  4 

lOMPARIPON  F  LONGITUDINAL  STABILITY. DERIVATIVES 


Flap  Position 

( Deg . ) 

Tail  Position 

0 

High 

-0.17 

30 

High 

-0.14 

30 

Lew 

-0.13 

30  ' 

-  High 

-0.22* 

40 

High-  . 

-0.l6 

V  -  'V.'  *  •  . 

Data  obtained  with 

inlet  hole  uncovered! 

•’.•■s'  '"’jfr*4  *#r'  V 

C.  FAN  AERODYNAMIC  PERFORMANCE 

Fan  Inlet  Performance: 

The  face  of  the  fan  rotor  is  over  four  feet  below  the  edge  of  the 
inlet  when  installed  in  the  test  model,  and  is  normal  to  the  flight 
path.  At  zero  flight  speed  there  is  a  small  inlet  total  pressure 
decrease  between  ambient  and  the  face  of  the  rotor  due  to  duct  friction 
and  vane  losses.  During  the  previous  testing  program  in  this  wind 
tunnel,  it  was  found  that,  throughout  transition, the  pressure  level 
at  the  rotor  face  was  equal  to  the  zero  flight  speed  value  plus  100$ 
of  the  flight  dynamic  head. 


i  1  '.JS, 


JKf  I.e« 


-  t  . « 
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These  earlier  tests  were  conducted  primarily  at  zero  angle  of  attack 
and  yaw  so  that  it  was  an  objective  of  this  test  period  to  determine 
the  effect  on  the  inlet  performance  of  varying  these  parameters. 
Comparative  data  are  shown  in  Figures  17,  18,  and  19,  with  the  inlet 
loss  expressed  as  a  fraction  of  average  inlet  duct  dynamic  pressure. 
Also  indicated  in  Figure  17  is  the  effect  of  removing  the  inlet  vane. 
The  inlet  loss  was  so  small  at  zero  and  low  flight  speeds  that  the 
effect  of  the  vane  in  these  regions  was  not  distinguishable  in  the 
data.  However,  the  importance  of  the  vane  becomes  clear  at  higher 
flight  speeds  since  it  extends  the  low  loss  range  to  higher  values 
of  the  flight  velocity  to  fan  tip  velocity  ratio  (Vp/V^  ).  This, 
in  effect,  increases  the  flight  speed  at  which  net  forward  thrust 
becomes  zero  and  therefore,  increases  the  margin  of  conversion 
speed  above  airplane  stall  speed. 

Angle  of  attack  had  a  negligible  influence  on  inlet  performance  at 
negative  angles  and  up  to  k°  positive  angle.  At  8",  however,  the 
low  loss  range  was  significantly  decreased  indicating  the  onset  of 
inlet  separation  at  a  lower  velocity  ratio.  Yaw,  on  the  other  hand, 
did  not  by  itself  result  in  greatly  changed  inlet  performance,  even 
at  very  high  angles  on  the  order  of  16°;  the  characteristics  noted 
were  probably  due  to  changes  in  vane  end  effects  as  the  yaw  angle 
varied.  The  direction  of  yaw  (i.e.,  with  or  against  fan  rotation) 
made  no  difference  in  the  results.  The  combined  influence  of  yaw 
and  high  positive  angles  of  attack  was  more  severe  than  either  alone, 
and  most  noticeably  so  at  the  higher  velocity  ratios.  The  particular 
combination  of  -8°  yaw  and  +8°  angle  of  attack  showed  rapidly  deter¬ 
iorating  performance  such  that,  at  the  higher  velocity  ratios,  a  loss 
level  was  measured  equivalent  to  that  obtained  where  no  vane  was 
employed.  Figure  20  is  a  summary  plot  showing  the  relative  influence 
of  these  various  configurations. 
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For  the  relatively  low  angles  of  attack  required  in  accomplishing 
transitions  with  this  airplane  model,  the  loss  levels  measured 
appear  to  be  very  satisfactory. 


The  data  in  Figures  17  through  20  have  all  been  adjusted  to  correspond 
to  100^)  fan  speed,  although  they  were  obtained  at  approximately  65$ 
speed.  In  essence,  the  adjustment  is  tc  the  v^/v  ,  parameter  to 

‘  •  .  F\  1/Xp 

account  for  the .variation  in  the  ratio  of  the  fan  axial  (or  through- 
flow  velocity)  to  fan  tip  speed  with  fan  speed.  Figure  21  is'  data 
taken  from  the  previous  test  pei iod,  and  shows  the  characteristic 


inlet  duct  flow  coefficient*  with  fan  speed.  This  parameter  very 
nearly  integrates  the  effects  of  Reynolds  number  change,  fan 
efficiency  change  and  fan  energy  absorption  change. due  to  blade 
untwist,  all  of  which  are  a  function  of  fan  speed.  An  additional 

of  Mach  number  on  *he  fan  ■  performance  is  very  small,  and  can 
be  neglected  since  the  fan  is  of  a  relatively  low  pressure  ratio 
design.’  ‘ 


The  result- of  these  combined  influences  is  that  at  low  fan  speeds, 

the  axial  velocity  to  fan  tip  speed  ratio  is  lower  than  at  higher 

fan  speedb;  this  causes:  the  inlet  loss  versus  Vp/V  .  based  on  low 

fan  speed  data,  to' be  somewhat  pessimistic.  The  correction  is  therefore 

applied  tcc  Vtip  to  reduce  it  .proportionately  or,  in  effect,  shift  the 

loss  curves  of  cn  versus’  V  /v  -  to  the  right  (i.e.,  higher  vJv 

.  .  ■  .*•  F  tip 

ratios;.  This  adjustment  can  be  made  by  recalculating  the  V  /V 

F  tip 

ratio  as  follows : 


(Vv 


tip  measured  at  part  speed 


)  K  =  Vp/V 


where  K  is  1  + 


A  $ 


*  at  part  speed 


tip  equivalent  at 
100$  fan  speed 


®  at  100$  speed 

$  at  part  speed 

00 


Duct  flow  coefficient  at  station  10.2  is  <J> 

°Z  10.2  13  the  inlet  duct  average  velocity 

•  :  -23 


00 


:z  lo.^tip  where 


From  Figure  17,  it  would  appear  that  the  effect  of  increasing  exit 
louver  angle  setting  was  to  increase  the  inlet  loss.  In  fact,  how¬ 
ever,  this  is  the  effect  of  fan  throttling  which  reduces  through-flow 
velocity  with  increased  p  for  a  given  speed  or,  in  other  words, 
reduces  the  flow  coefficient.  It  is  more  precise  hut  less  convenient 
to  replot  the  inlet  loss  data  against  an  abscissa  defined  as  the  ratio 
of  flight  speed  to  fan  inlet  duct  velocity.  This  was  done  in  Figure  22, 
and  as  would  be  expected,  the  0°  and  35°  P  data  collapse  into  a  single 
line;  data  plotted  in  this  manner  make  it  possible  to  apply  inlet 
results  obtained  with  this  fan  to  similar  installations,  but  using 
different  fan  designs  since  the  losses  are  shown  as  a  function  of  duct 
velocity  which  is  independent  of  the  source  of  the  flow.  For  the 
specific  model  tested,  it  is  more  convenient  to  use  the  more  easily 
obtained  relationships  shown  in  Figures  17  through  20. 


Inlet  performance  was  efficient  in  terms  of  recovering  flight 

T.-  w'  j*>. 

dynamic  pressure*.  ,  This,  can  be  clearly  seen  by  Figure  2J;  the  pressure 

at  the  face  of  the  rotor  is. lower  than  ambient  by  the  static  inlet 

,  ■"  _  ,  ...  ....  v 

losses  (duct  friction  find  vane),  and  the  difference  between  the  line 
representing  ambient,  plus  flight  dynamic  pressure  and  the  line 

representing  the  pressure  at  the  face  of  the  rotor  is  constant  through¬ 

out-  the  transition  range -indicating  full  recovery  of  flight  dynamic 
pressure.  Atvtble  'high*,  flight  speeds  as  the  inlet  losses  increase, 
this  difference  increases  indicating  a  reduction  in  ram  recovery. 
Another  manner  of  viewing  this  same  performance  is  to  define  a  ram 

efficiency  which  includes  the  static  inlet  loss  or  =  1  -  A  P^/q, 

where  A  is  the  total  pressure  difference  between  ambient  plus 


flight  dynamic  pressure  and  the  pressure  at  the  face  of  the  rotor. 
Since  there  is  a  static  loss,  this  is  obviously  indeterminate  at  zero 
q  values,  and  increases  with  flight  speed  until  the  point  is  reached 
where  the  inlet  separates  and  losses  begin  to  increase.  This  is 
shown  in  Figures  2b  and  25- 
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Fan  System  Performance : 


During  the  previous  test  program,  it  was  estimated  that  the  change  in 
inlets  between  earlier  static  tests  at  Evendale  and  the  wind  tunnel 
program  appeared  to  have  resulted  in  an  increase  in  fan  performance  at 
hover  of  approximately  4$  in  thrust;  this  was  based  on  inlet  pressure 
measurements. 

Data  were  taken  during  this  most  recent  test  period  with  the  throat 
section  of  the  tunnel  open  to  atmosphere  (entire  roof  of  tunnel  open, 
refer  to  Volume  1,  Figure  5)  to  obtain  a  valid  zero  Vp  force 
measurement  minimizing  tunnel  effects.  This  apparently  relieved  some 
tunnel  effect,  and  the  measured  thrust  increase  over  Evendale  results 
was  about  3-5$  and  correlated  with  the  better  inlet  performance. 

This  is  attributable  to  the  change  from  a  6#  radius  ratio  bellmouth 
employing  a  cascade  of  six  spanwise  vanes  to  the  23.5/6$*  bellmouth 
and  single  curved  vane.  Table  5  shows  the  actual  performance  values 
measured. 

.  . 

TABLE  5 

_ FAN  PERFORMANCE  COMPARISON  -  EVENDALE  VERSUS  AMES 


Estimated 


Test  Configuration 

Total  Thrust 
Measured 

At  100$ 

Speed 
(Lbs. ) 

Total  Thrust 

At  Design  HP 
Based  on  Using 
Scroll,  S/N  2 
(Lbs . ) 

Evendale : 

6$  bellmouth  with  cascade 

6$  bellmouth  without  .cascade 

6810  ' 

7000 

6950 

7140 

Ames  : 

23- 5/ 6$  bellmouth  with  curved  vane 

■  .7050 

7190 

23.5/6$  stands  for  a  bellmouth  with  a, 6$  radius  ratio  (i.e.,  bellmouth 
radius  divided  by  inlet  duct' diameter)  on  the  sides  and  back  and  a 
23.5$  radius  ratio  at  the  leading  edge. 
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Note  that  in  Table  5,  the  estimated  thrust  at  design  horsepower  ie 
qualified  as  based  on  using  scroll,  serial  number  2. 

The  fan  speed  actually  obtainable  in  this  testing  using  scroll, 
serial  number  1,  with  the  design  horsepower  was  only  99*  of  design 
speed  compared  to  the  Evendale  result  of  101*  discussed  in  Reference  5. 
This  results  from  scroll  No.  1  having  a  poorer  alignment  with  the 
turbine  flow  passage  and  also  modified  nozzle  diaphragms  (trailing 
edges  relieved  to  increase  the  effective  nozzle  area)  which  affects 
the  turbine  vector  diagram  and,  in  turn,  turbine  efficiency.  Turbine 
efficiency  calculations  based  on  fan  internal  performance  data  indicate 
the  turbine  efficiency  penalty  for  scroll  No.  1  is  approximately  6 $ 
relative  to  scroll  No.  2.  This  fully  accounts  for  the  change  in  fan 
speed  -  available  horsepower  relationship  noted.  ( 6%  additional  power 
from  the  turbine  would  increase  the  fan  speed  by  approximately  3f. ) 

Figure  26  presents  the  fan  performance  characteristics  at  hover . 

Establishing  hover  performance  accurately  is  important  for  determining 
maximum  VTOL  capability  of  tne  system,  but  more  specifically  in  this 
analysis,  it  is  important  in  calculating  that  part  of  total  measured 
lift  at  any  flight  speed  which  can  be  attributed  to  the  fan;  these 
calculations  of  far.  performance  are  all  extrapolations  of  hover 
performance.  The  wind  tunnel  balance  system  measures  over -all  perform¬ 
ance  at  any  flight  speed  and  is  therefore,  not  dependent  upon  knowing 
fan  performance  per  se.  But,  in  order  to  accurately  determine  inter¬ 
action  effects,  the  fan  performance  must  be  accurately  identified. 

It  is  in  this  regard  that  this  report  differs  from  the  analysis  in 
Volute  1.  .  iguio.*.  ...i  u  ..u:  cnangc  in  i'an  perfoi mannt.  in  terms 

of  static  lift  coefficient  (H^)  as  a  function  of  fan  speed.  The 
interaction  analysis  herein  will  be  more  accurate  than  in  Volume  1 
and  should  be  considered  to  supersede  that  work. 


In  order  to  establish  the  accuracy  level  of  these  thrust  measurements 
at  hover.  Table  6  was  developed  using  data  from  both  Bvendale  and 
Ames  configurations.  It  can  be  seen  from  the  "maximum  variation."  column 
that  the  accuracy  of  lift  data  (F  )  is  less  influenced  by  changing 
the  test  configuration  or  test  location  than  is  horizontal  thrust 
data  (F  This  is  as  would  be  expected  when  considering  the  influence 
of  ram  drag  on  the  F^  data.  For  example,  a  ten  knot  wind  either  at 
the  Evendale  open  air  facility  or  due  to  induced  flow  in  the  wind 
tunnel  can  cause  a  variation  of  as  much  as  +  250  pounds  in  horizontal 
thrust  at  hover  conditions.  At  Evendale,  it  is  necessary  to  know 
both  wind  velocity  and  direction;,  in  the  wind  tunnel  the  direction  is 
known,  but  the  velocity  on  the  airplane  upper  surface  relative  to 
measured  tunnel  velocity  at  low  flight  speeds  has  been  shown  to  be 
different.  These  conditions  make  it  difficult  to  calculate  the  ram 
effect  accurately.  Measurement  tolerances  of  +  1  l/2$  lift  and  +  4$ 
thrust  appear  to  be  proper.-  Here  again,  it  must" be  pointed  out  that 
these  accuracies  refer  only  to  segregating  fan  performance,  and  are 
not  to  be  confused  with  accuracies  of- total  lift  and  drag  (or  thrust) 
measurements  of  the  airplane  via  the  tunnel  balance  system  which  remain 
as  outlined  in  Volume.  1. 

Fan  performance  in  this  report  is  the  actual  measured  performance  at 

•  •  Ames  during  this  latest  test  period.  Run  jf 4,  since  the  fan  speed, 

thrust  and  tunnel  speeds  are  felt  to  be  more  accurately  known  for  this 
run  than  for  any  other  test  period. 

Determination  of  Fan  Performance  as  a  Function  of  Flight  Speed: 

.The  difference  between  measured  performance  of  the  fan/aircraft  system 
and  the  sum  of  the  individual  fan  and  aircraft  contributions  that  can 
be  calculated  at  any  flight  condition  has  been  termed  performance 
interaction;  that  is,  an  effect  of  the  fan  on  the  basic  aircraft 

*  '  “ 

..See  Section  IV 


-27- 


TABLE  6 

FAN  THRUST  VARIATION  AT  CONSTANT  FAN  SPEED  WITH  EXIT  LOUVER  ANGLE  FOR  THREE  TEST  CONFIGURATIONS 


performance  or  of  the  aircraft  on  the  basic  fan  performance,  or  both. 
Fan/ air  craft  performance  is  as  accurate  as  the  wind  tunnel  force 
balance  system;  the  accounting  for  the  various  contributors  to 
this  performance  is  difficult.  There  is  no  known  method  of 
separating  fan  performance  from  airplane  performance  in 
a  physical  manner  in  a  wind  tunnel;  i.e.,  by  separate  thrust  measure¬ 
ments.*  This  is  due  to  the  inability  to  determine  where  the  fan  inlet 
ends  arid  the  aircraft  surfaces  begin,  or  to  isolate  interactions 
physically.  However,  even  the  analytical  approach  used  herein  could 
be  improved  by  greatly  expanding  the  internal  fan  instrumentation. 

The  basic  airplane  performance  as  a  function  of  flight  speed  (with  the 
fan  off  and  the  holes  covered)  is  well  defined;  therefore,  the  key  to 
accurate  calculation  of  interaction  effects  is  the  accuracy  with  which 
the  fan  performance  is  known  as  a  function  of  flight  speed. 

Specifically,  what  is  needed  is  a  relationship  of  fan  thrust  with 
exit  louver  angle  and  Vp/V^  ratio.  As  described  in  Volume  1, 

Section  VII-A,  a  relationship  of  measured  total  thrust  to  an  ideal 
momentum  thrust  (based  on  station  10.6  total  pressure  and  measured  fan 
weight  flow)  was  determined  to  be  F  ,/F  _  ,  -  O.96  during  static 

runs  conducted  at  Evendale.  This  relationship  was  assumed  to  hold 
constant  for  all  velocity  ratios  at  £  =  0°.  This  is  a  reasonably 
valid  assumption  as  long  as  the  fan  to  fan  turbine  thrust  ratio  does 
not  change  appreciably  (e.g.,  a  1$  error  in  total  thrust  would  require 
a  10$  change  in  fan  turbine  thrust).  Also,  it  was  assumed  that  the 
loss  coefficients  of  stators  and  exit  louvers  are  not  affected 
materially  by  crossflow;  and  that  the  total  thrust  change  as  a  function 
of  exit  louver  angle  at  constant  HP..  ^  is  the  same  at  any  value  of 
velocity  ratio  as  at  static  conditions  represented  by  Figures  28a  and 
28b.  This  latter  assumption  is  valid  if  the  rate  of  change  of  rotor 
efficiency  ratio  with  throttling  is  independent  of  velocity  ratio. 

This  has  been  well  verified.  (See  Figure  B— Vqlume  1  where 

In  the  sense  that-  measuring  rotor  thrust  is  not  considered  to  be  sufficient 

to  provide ■ the .basis  for  determining  total  fan  thrust  contribution  as  a 

function  of  V_/V  . 

P  tip 
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it  is  apparent  that  changes  in  efficiency  with  throttling  are  linear 
throughout  the  velocity  ratio  range  tested.)  Using  the  above  assump¬ 
tions,  fan  performance  characteristics  as  a  function  of  velocity  ratio 
and  louver  angle  were  obtained  and  are  shown  in  Figures  29  through  33. 

For  calculation  of  fan  ram  drag,  the  fan  weight  flow  variation  with 
velocity  ratio,  3  and  fan  speed  as  shown  in  Figures  B-IV-6,  B-IV-7 
and  B-IV-8,  Volume  1.  were  used.  J8b  ram  drag  was  obtained  from 
J85  flow  measured  in  the  bellmouth.  The  tunnel  velocity  measurement 
upstream  of  the  test  section  was  used  in  all  ram  drag  calculations. 

There  are  considerable  data  at  high  fan  speeds  for  determining  fan 
performance  up  to  velocity  ratios,  V^V^,  of  0.3.  There  was  a 
limited  amount  of  higher  velocity  ratio  data  obtained  between  0.3 
and  0.5  (equivalent  to  213  knots  at  100^,  fan  speed)  but,  in  order  to 
remain  within  the  100  knot  limit  on  the  test  airplane,  these  data  were 
obtained  at  near  idle  conditions  on  the  fan.  The  rotor  pressure  ratio 
is  so  low  near  idle  that  assessing  station  10.6  thrust  is  inaccurate. 

In  order  to  estimate  fan  performance  at  velocity  ratios  above  0.3 

Vp/Vtip»  data  ot,tained  up  to  0.3  velocity  ratio  was  extrapolated. 

The  extrapolation  procedure  and  results  are  explained  more  fully  in 
Appendix  A. 

come  results  of  fan  speed  variation  at  constant  horsepower  as  a  func¬ 
tion  of  velocity  ratio  and  3  angle  were  reported  in  Volume  1. 
Considerable  additional  high  fan  speed  data  obtained  during  this  phase 
of  testing  provides  a  more  complete  and  more  accurate  picture,  and 
supersedes  the  previous  results.  These  fan  speed  characteristics  as  a 
function  of  velocity  ratio  and  exit  louver  angle  at  constant  horsepower 
are  shown  in  Jig-ore  34.  It  is  apparent  in  the  range  of  0°  -  20"  3  that 
fan  speed  at  constant  is  constant  for  all  3.  and  V^/V  values. 

At  hover  and  at  low  velocity  ratios,  increasing  3  beyond  20°Punloads 
the  +an  resulting  in  a  fan  speed  increase;  as  velocity  ratio  is 
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increased,  however,  the  fan  absorbs  more  power  resulting  in  a  fan 
speed  decrease  accompanying  throttling  beyond  20°  p.  This  change  in 
characteristic  can  be  shown  on  the  fan  operating  map  (see  sketch 
below)  where  the  fan  operating  point  shifts  along  a  constant  horse¬ 
power  line  to  the  right  as  a  result  of  ram  recovery  and  to  the  left 
as  the  result  of  throttling  with  the  exit  louvers.  At  hover  and  at 
low  velocity  ratios,  the  throttling  occurs  between  points  A  and  B 
and;  at  high  velocity  ratios,  the  throttling  occurs  between  points 
C  and  A. 


Fan  Pressure 
Ratio 


Figure  55  shows  the  fan  speed  characteristics  as  a  function  of  flight 
speed  and  p.  It  is  obtained  at  constant  J85  throttle  setting  corres¬ 
ponding  to  100#  Np  at  p  =  0®  and  Vp  =  0  and  applies  100#  J85  inlet 
ram  recovery* 
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D. 


FAN  POWERED  AIRCRAFT  PERFORMANCE 


Performance  Coefficients: 

Since  performance  in  the  flight  regime  from  hovering  through 
transition  is  necessarily  a  function  of  the  far  performance,  a  set 
of  relationships  to  non-dimensionalize  fan  powered  aircraft 
performance  was  developed.  These  coefficients  are  described  in 

Volume  1,  and  lend  themselves  more  readily  to  studies  of  the 

various  approaches  to  transition.  The  conventional  airplane 
coefficients  C  ,  C  ,  C  are  used  extensively  as  well,  and  are 
interchangeable  with  these  derived  coefficients. 


In  order  to  convert  from  one  system  to  the  other,  the  relationships 
in  Table  7  hold.  Since  geometric  parameters  are  involved,  a 
general  conversion  as  well  as  one  specifically  appropriate  to  this 
airplane  model  are  given.  Basically,  the  new  coefficients  differ 
from  conventional  coefficients  due  to  being  based  on  the  fan  dynamic 
pressure  instead  of  flight  dynamic  pressure,  for  example: 


2  L„ 


CL  - 


P  Su  <V 


whereas 


"i  * 


“  \  <Vtip> 
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TABLE  7 

CONVERSION  RELATIONSHIPS  -  AIRCRAFT  COEFFICIENTS 


To 

Convert 

From  To 

MULTIPLY 

(For  General  Case) 

BY 

(For  Specific 

Model  Tested) 

CL 

*1 

<Vvtip)2  Sv 

7.02}  <yvtl/ 

S 

“d 

Ditto 

Ditto 

CM 

*M 

<v  w2  sv  = 

2  ^  Xt 

s.»9  tyvUp)2 

H. 

cT 

2  Af 

0.1424 

1 

L 

L 

<VVtlp)2  Sw 

JVW*_ 

«D 

S. 

Ditto 

Ditto 

«m 

C  • 

2  Aplt 

0.4274 

1 

M 

(Vbip’2  s» ' 

JVW*. 

Interaction  Lift  and  Drag: 

Interaction  lift  is  defined  for  this  analysis  as  the  difference  between 
the  measured  value  of  total  lift  and  the  sum  of  basic  airplane  lift 
and  basic  fan  lift,  corrected  for  ram  recovery  and  exit  louver  thrott¬ 
ling  and  vectoring  effects. 

Interaction  drag  is  defined  as  the  difference  between  the  measured 
value  of  total  drag  and  the  sum  of  - 
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Basic  aircraft  drag. 


Basic  fan  thrust,  corrected  for  ram  recovery  and  exit  louver 

throttling  and  vectoring  effects. 

Fan  and  engine  ram  drag. 

Tables  8  and  9  are  presented  to  show  precisely  the  calculation  routine. 
While  interaction  lift  is  defined  and  calculated  similarly  to  inter¬ 
action  drag,  it  is  more  accurately  known  since  fan  lift  as  a  function 
of  exit  louver  angle  is  known  with  greater  accuracy  than  thrust; 
also,  tunnel  velocity  accuracy  does  not  affect  fan  lift  materially. 
Tunnel  velocity  measurement  inaccuracies  do  affect  aircraft  lift, 
but  this  inaccuracy  is  present  only  at  low  tunnel  speeds  where  wing 
lift  is  a  very  small  c'ntrfbution  to  total  lift.  Interaction  lift  is 
not  calculated  at  velocity  ratios  below  0.075  Vp/Vtlp*  At  this  velocity 
ratio,  a  Cy  change  of  0.1  is  equivalent  to  85  pounds  of  lift,  or 

slightly  more  than  1$  of  total  fan  lift  which  would  be  obscured  in 

the  measurement  accuracy.  Interaction  lift  as  a  function  of  both  ’ 
velocity  ratio  and  exit  louver  setting  was  calculated  as  shown  in 
Figure  36.  The  interaction  lift  with  louver  settings  of  30°,  35° 
and  10°  calculates  to  be  very  nearly  equal  to  zero  throughout  the 

velocity  range  of  0.2  to  0.3.  Interaction  lift  with  p  of  0°  shows 

an  increase  up  to  velocity  ratios  of  0.15  and  then  decreases  gradually. 
The  maximum  value  of  CL  ^  was  0. 38  at  a  velocity  ratio  of  0.17  and 
P  =  0°.  Some  of  this  interaction  lift  might  be  explained  by  an  in¬ 
creased  velocity  above  the  airplane  model  when  exit  louvers  are  set 
at  low  angles.  Some  of  it  can  be  due  to  the  normal  mirror  effect  in 
the  tunnel  as  described  in  Volume  1,  Section  VII-C. 

In  general,  the  fan  does  produce  a  similar  effect  to  a  jet  flap  where, 
if  the  jet  exhaust  is  at  right  angles  to  the  airfoil  camber  line,  the 
maximum  induced  lift  is  produced.  Near  conversion  speed  with  the 
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TABLE  8 

INTERACTION  LIFT  -  CALCULATION  ROUTINE 


Conditions 


2. 


4. 


5- 


6. 


Run  #3,  Reading  #21 
Fan  Speed  -  2480  RPM 
Angle  of  Attack  -  0° 
Flap  Angle  -  0° 


Exit  Louver  Angle  20° 

Tunnel  Temperature  -  553°R 

Tunnel  Static  Pressure  -  29*70  In.  Hg. 

Tunnel  Dynamic  Pressure  -  q  =  11/66  Lbs/Fr 


1 .  Fan  Tip  Speed 


tip 

Tunnel  Velocity 


NF(Vtlp  at  100*  Nf) 


ft--! 


N  100 
r 


2qTsRg 

Ps 


2480  (720) 

- 2^5 -  =  6T6  Ft/Sec. 


2(11*66)  (33*3)  32*2  _  1Q2  6  Ft/Sep 
29.70  (.491)  144  102.6  Ft/Sec. 


3.  Velocity  Ratio 


VvtiP  ■ 

Basic  Aircraft  Lift 


102.6 

=  °^2 


C^  =  0.05  from  Figure  10 

L  =  CLqSw  =  0 . 0="  ( 11 . 66  >250.  •=  -T46  Lb  : 

Fan  Corrected  Speed 

2480 


*  N  /'f  9  = 


2640 


100  =  91.2# 


(JW) 

Fan  Total  Thrust  at  8  =  0°  and  V  /V  =  0 
_ F  tip _ 

F/s  =  5960  from  Figure  26 


=  5960 


(29*70 

(29.92 


=  5920  Lbs. 
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At  g  =  20 


=  20°  =  Fp  =  0°  from  Figure  28a  =  58OO  Lbs. 


At  (3  =  20°  and  Vp/V^  =  0.152 

PT  at  Vp/V  -  0.15- 


F  =  F, 


6  =  20 


ht  a"  VVtip  -  ° 


from  Figure  29 


F  =  5800  ^§7314)  =  6220  Lbs- 
Basic  Fan  Lift 

Fy  =  F[cos(pv  -Ot)  ]  =  F(  cos  23.2°) 

Total  Measured  Lift  6312  Lbs . 

Lint  =  LT  '  (Fy  +  L) 

=  6312  -  (5720  +  11+6) 

=  1+1+6  Lbs . 


5720  Lbs. 


Expressed  as  C 


1  int 


Expressed  as 

-  2 

UL  int  ‘  7'0?5  <VVtip>  CL  ' 


0.025 


TABLE  9 

INTERACTION  Hi  AG  -  CALCULATION  ROUTINE 


Conditions 


Same  point  as  used  in  Table  8 


Basic  Aircraft  Drag 

0^  =  0.11  from  Figure  10 

D  =  C  qS  =  320  Lbs. 

D  W 

Fan  Total  Thrust 

Fp  =  20°  Vp/V  =  0.152  =  6220  Lbs.  from  Table  8 
Fan  Horizontal  Thrust 

Fx  =  F  [sin (a  -By)  ]  =  -F(sin  23-2°)  =  -24-50  Lbs. 

Fan  Ram  Drag 

W„ 


=  .084  from  Figure  32 

p  =  PS/BTsg  =  =  °-00222  Slugs/Cu.  Ft. 

Dp  =  PAp  (Vtlp)  Hm  =  0.00222  (17-8)  ( 676 )2  .084  =  1516  Lbs. 
Engine  Ram  Drag 

“j8?4  .  ■>2.0(102.6)  ,  13k  Lbs 

g  32.2  154 

Total  Measured  Drag 
Dt  =  -189  Lbs. 

Interaction  Drag 

Dint  =  Dt  "  [  EH‘Fx+DR+DRJ85  ^  =  "l89  '  t  520-2450+151.6+134  ]  =  291  Lbs. 


Expressed  as 


Expressed  as 


\  int  =  7'023(VVtip)2  CD  =  7.023(0.152)2  0.10  == 


0.016 


high  louver  angle  settings  necessary  at  these  conditions,  there  will 
be  no  appreciable  interaction  lift. 

The  interaction  lift  does  not  seem  to  be  a  function  of  angle  of  attack 

and  appears  as  a  constant  additive  throughout  the  normally  linear 

C  versus  a  range  (see  Figure  38).  It  does  however  decrease  at  high 
L 

angles  of  attack  of  8°  or  more.  The  value  of  interaction  lift  at 
maximum  lift  coefficient  is  of  interest.  For  the  30°  flap  configura¬ 
tion,  C  for  the  basic  aircraft  was  1.5  and  occurred  at  about 

’  L  max 

14°  angle  of  attack.  The  change  in  CL  due  to  operating  the  fan 

L  max 

is  shown  in  Figure  39,  plotted  as  a  function  of  velocity  ratio,  and 
was  obtained  by  plotting  the  locus  of  8  C  /8  ^  =  0  points  from 
Figure  38  (less  basic  aircraft  C  of  1.5).  It  is  apparent,  by 

L»  ITLGLX 

comparing  the  p  =  0°  data  from  Figure  36  with  Figure  39,  that  the 

interaction  lift  at  angles  of  attack  corresponding  to  C  followed 

max 

the  same  basic  pattern  as  at  0°  angle  of  attack;  the  magnitude  was, 
however,  less  than  of  the  a  =  0°  effect. 

During  the  previous  testing  period,  static  pressure  measurements 
along  several  wing  chord  lines  were  taken  at  a  =  0°  conditions  where 
the  basic  airplane  wing  C  was  equal  to  0.07  with  the  fan  off.  The 

In 

wing  C  calculated  based  on  these  pressure  measurements  indicates  a 
Li 

significant  increase  when  the  fan  is  operating;  this  is,  in  essence, 
the  interaction  lift  associated  with  the  wing.  Figure  37  replots 
this  data  for  comparison  with  Figure  36  and  shows  that  the  pressure 
measurements  on  the  wing  account  for  a  large  amount  of  the  calculated 
interaction  lift,  and  show  the  same  general  characteristics  of 
decreasing  with  p  angle  and  ratio.  The  fact  that  Figures  36 

and  37  are  not  identical  can  be  viewed  two  ways: 

1.  Interaction  lift  is  not  only  develored  on  the  wings,  but  also 
on  other  sections  of  the  airplane  such  that  the  combined 
characteristics  calculated  in  Figure  3 6  result. 
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2. 


The  interaction  lift  is  only  developed  on  the  wings  so  that  the 
total  characteristic  is  as  shown  in  Figure  57 .  This  would  require 
revising  the  method  of  calculating  fan  performance  as  a  function 
of  p  and  V^/V  .  While  this  may  be  the  case,  the  best  method 
available  for  calculating  fan  performance  has  been  used. 

The  general  characteristics  of  interaction  drag  variation  with  p  and 

V’  /v  in  the  angle  of  attack  range  of  -4°  to  +8°  are  similar  to 
F  tip 

the  interaction  lift  characteristics;  that  is,  both  Vp/V  and  p 
increases  are  accompanied  by  decreases  in  interactions,  but  are  not 
influenced  by  angle  of  attack  changes.  Figure  40  shows  the  calculated 
interaction  drag  characteristics  which  corresponds  to  interaction 

lift  as  shown  in  Figure  56. 


The  high  values  of  interaction  drag  measured  for  low  p  settings  could  be 
explained  by  air  velocities  around  the  model  that  are  higher  due  to  block¬ 
age  presented  by  the  exhaust  gases.  In  fact,  velocities  were  calculated 
from  the  pitot  static  tube  on  the  nose  of  the  aircraft  to  be  40$  higher 


than  the  upstream  tunnel  velocity  measurement  at  a  nominal  setting  of 

20  knots  and  p  =  0°.  This  can  account  for  as  much  as  250  pounds  of 

ram  drag.  On  the  other  hand,  vectoring  the  louvers  may  possibly  act 

as  an  ejector  causing  the  higher  velocity  to  occur  on  the  underside 

of  the  model  and  a  corresponding  reduction  in  velocity  above  the 

model.  Due  to  the  difficulties  in  evaluating  interaction  drag  and 

the  relatively  small  values  of  this  quantity  at  velocity  ratios  below 

0.1  v_/V  the  values  above  0.1  only  are  shown  in  Figure  40  (sit 
F  tip 

0.1  V  /V  and  full  fan  speed,  a  value  of  C  =  0.1  is  equivalent  to 
F  tip  u 

lpO  pounds  of  drag,  or  only  slightly  more  than  2ajo  of  fan  total  thrust). 

It  is  apparent  that  with  velocity  ratios  of  0.2  to  0.5  and  exit  louver 


angles  of  50°,  55°  and  40°,  the  interaction  drag  is  equivalent  to 
0.06  0^.  In  the  same  range  of  Vp/V^  and  p,  interaction  varies 
between  -0.04  to  +0.04.  While  the  data  has  been  very  repeatable  at 
all  test  conditions  during  the  50  hours  of  testing  conducted,  the  lack 
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of  consistent  trends  as  a  function  of  the  different  variables  leads  to 
the  suspicion  that  the  accounting  for  interactions  is  somewhat  in 
error.  Items  which  would  greatly  influence  this  accounting  are: 

Determination  of  velocity  in  the  test  section. 

Fan  throttling  characteristic  as  a  function  of  flight  speed. 
Tunnel  wall  effects  at  low  velocity  ratios. 


The  characteristics  of  CL  and  CD  ^  for  p  «  20°  appear  to  be  most 
consistent,  and  it  could  be  speculated  that,  at  this  vector  angle,  the 
b^.ckage  and  tunnel  air  flow  split  above  and  below  the  model  are  closest 
to  that  which  would  occur  if  the  fan  were  not  operating.  Also,  the 
higher  velocity  ratio  data  is  felt  to  yield  more  accurate  conclusions 
as  to  interaction  effects. 


Application  of  these  interaction  effects  to  other  configurations  or 
even  to  this  configuration  outside  of  the  wind  tunnel  may  not  be  valid. 
However,  for  the  configuration  tested  when  it  is  in  the  tunnel,  it  can 

be  concluded  that  during  transition,  there  is  little  or  no  interaction 
lift  at  the  maximum  conversion  speed,  and  that  the  drag  of  the  aircraft 

i&  increased  by  an  additional  CD  =  0.06  (600  pounds  at  Vp  =  111  knots 
and  100^  N )  .  P 

At  velocity  ratios  and  0  settings  corresponding  to  STO  conditions, 

the  interaction  is  a  significantly  favorable  effect  with  C 

_  „  ,  L  int 

varying  from  0.1  to  0.2^  depending  on  the  specific  STO  flight  path. 


Tail  Downwash: 

With  the  fan  operating,  tests  were  made  with  the  tail  in  both  a  high 
and  low  position  and  with  the  wing  angle  of  attack  at  0°  (8,  =  0°). 
The  tail  downwash  angle,  e,  calculated  from  the  change  in  pitching 
moment  (tail  on  compared  with  the  tail  off)  is  shown  in  Figure  4l 
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as  a  function  of  Vp/Vtlp  for  0  =  0\  Because  of  the  scatter  in 
pitching  moment  data,  determination  of  tail  downwash  as  a  function 
of  angle  of  attack  was  not  attempted.  However,  for  the  tests  made 
at  0*  angle  of  attack  (Bf  -  (>•),  some  consistency  was  found  to 
determine  that: 


1.  There  was  no  measurable  downwash  the  Wane  oi  the  tail  wiU* 
louvers  closed  more  than  20°.  This  result  was  obtained  with 'the"  tail 
in  either  the  high  or  low  position  and  was  not  expected  This 
possibly  indicates  th  downwasn  data  was  being  adversely  in¬ 
fluenced  by  tunnel  effects. 

2.  At  0  «  0",  an  increase  in  downwash  at  low  velocity  ratios  of 

as  much  as  10*  due  to  operating  the  fan  was  indicated,  but  this 
diminished  rapidly  with  increased  Vj/V  approaching  "fan-off" 
results.  Only  a  slight  difference  could  be  ascertained  by  chang¬ 
ing  the  tail  to  the  low  position,  an  increase  in  downwash  being 
experienced  which  varied  with  increased  Vp/V^  from  2*  to  l/2". 

The  tail  is  located  3  wing  chord  lengths  behind  the  wing  1/4  chord, 
and  this  distance  could,  not  be  varied  in  the  test,  but  is  probably 
of  considerable  significance  to  the  downwash  results. 


Pitching  Moments: 

The  pitching  moment  characteristics  are  basically  unchanged  from 
those  reported  in  Volume  1.  Data  were  also  obtained  at  higher 
velocity  ratios  (above  0.3)  which  are  normal  to  a  landing  transition. 
These  data  indicate  that  the  pitching  moment  coefficient  decreases 
appreciably  with  increased  and  that  the  maxim:*,  trim  control 

will  be  determined  by  take-off  transition  requirements.  The  test 
results  in  coefficient  form  for  lift,  drag  and  moments  are  shown  in 
Figures  42  through  56.  These  are  the  over-all  fan  powered  aircraft 
performance  results  as  a  Auction  of  all  the  test  variables. 


42- 


The  moment  coefficients  for  fi  =  0°  and  35°  intersect  at  about  Vp/v^p 
of  0.35,  and  further  increases  in  velocity  ratio  result  in  a  relative 
decrease  in  moments  for  fi  =  35°  as  compared  with  fi  =  0°  (see 
Figure  h2.c) .  This  is  as  would  be  expected  since  the  moment  contribu¬ 
tion  due  to  exit  louver  turning  increases  about  25$  throughout  the 
flight  speed  range  for  a  constant  fan  speed  and  is  equal  to  Fx  (3.56) 
Ft.  Lbs.  The  induced  moments  are  however  a  function  of  ram  drag 
(see  Tablet;  9  and  11,  Volume  1,  and  therefore  increase  proportional 
to  flight  speed.  Vectoring  louvers  at  high  velocity  ratios  reduces 
pitching  moments  since  fan  flow  (and  correspondingly  ram  drag)  is 
reduced  such  that  induced  moments  decrease  at  a  faster  rate  than  the 
direct  contribution  from  fan  vectoring. 

Pitching  moment  contributions  due  to  fan  operation  were  assessed 
and  described  in  Volume  i.  Seme  speculation  was  made  at  that 
time  as  to  the  magnitude  of  the  various  effects.  Static  pressure 
measurements  around  the  fuselage  during  this  part  of  the  test  provide 
some  additional  insight  to  the  pitching  moment  analysis.  When 
operating  with  no  crossflow  and  exit  louvers  at  the  0°  position,  the 
fan  draws  air  equally  from  all  directions,  and  the  resulting  pitching 
moment  is  zero,  because  pitching  moment  is  always  calculated  about 
the  fan  center  which  is  also  the  quarter  chord  of  the  wing.  As  soon 
as  some  forward  velocity  is  present,  the  fan  tends  to  draw  the  air 
in  from  the  front  more  than  from  the  sides  and  rear.  This,  of  course, 
accounts  for  the  major  portion  of  the  pitching  moment.  The  additional 
phenomenon  which  was  suspected  during  the  first  phase  of  testing  was 
that,  at  the  fan  exit  the  static  pressures  in  front  of  the  fan  dis¬ 
charge  were  higher  than  tunnel  static,  while  behind  it,  they  were 
lower.  This  was  clearly  shown  by  the  static  pressure  data  obtained 
on  the  underside  of  the  fuselage  (refer  to  Figure  5)*  The  measure¬ 
ments  obtained  with  these  pressures  in  conjunction  with  wing  static 
pressure  measurements  obtained  during  the  previous  test  period  allows 
a  reasonably  accurate  account  of  the  pitching  moments  on  the  whole 
aircraft . 
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The  following  discussion  is  concerned  with  Run  #15,  during  which  the 
pressure  measurements  on  the  fuselage  were  taken.  The  aircraft 
configuration  was  as  follows : 

Flaps  at  zero  degrees. 

Tail  at  zero  incidence  angle  and  in  the  low  position. 

Figures  57a  through  57d  show  the  static  pressure  distribution  on  the 

upper  surface  of  the  fuselage  as  a  function  of  exit  louver  angle  and 

velocity  ratio,  and  Figures  58a  through  58d  show  the  same  for  the 

bottom  surface  of  the  fuselage.  Looking  at  the  top  of  the  fuselage, 

Figures  57a  through  57d,  it  is  apparent  that  the  stagnation  point 

(C  =  lfbehind  the  fan  inlet  was  located  very  close  to  the  inlet  at 
P 

all  velocity  ratios.  Even  at  velocity  ratios  as  low  as  approximately 
0.07,  the  stagnation  point  was  about  2  fan  radii  behind  the  center- 
line  of  the  fan.  This  stagnation  point  varied  from  a  radius  ratio 
of  2  at  a  velocity  ratio  of  0.07  to  1.25  at  a  velocity  ratio  of  0.J0. 
The  pressure  behind  the  stagnation  point  gradually  approached  the 
tunnel  static  pressure  (or  =  0)  2  l/ 2  to  5  fan  radii  behind  the 
fan.  Forward  of  this  point,  the  pressure  coefficient,  of  course, 
rapidly  decreased  and  became  highly  negative  as  the  lip  of  the 
bellmouth  was  approached.  A  negative  pressure  coefficient  persisted 
over  all  of  the  surface  ahead  of  the  fan  and  followed  an  exponential 
decay  curve  with  distance  from  the  fan;  this  was  one  of  the  larger 
contributors  to  the  total  pitching  moment.  The  variation  of  the 
pressure  coefficient  level  with  p  is  also  shown  in  Figures  57a  through 
57d  which  reflects  the  reduced  fan  axial  velocity. 

On  the  underside  of  the  fuselage,  ahead  of  the  fan  discharge,  there 
was  a  positive  pressure  not  quite  approaching  a  stagnation  point 
(C  •  «0.7).  Behind  the  fan,  the  lowest  pressure  coefficient  was 

P 

approximately  -1.  There  was  a  variation  of  the  static  pressure  both 


ahead  and  behind  the  fan  with  exit  louver  angle  which  decreased 
this  contribution  to  the  pitch-up  moment  an  exit  louver  angle  was 
increased. 

Figures  59a  and  59^  showing  the  breakdown  of  total  measured  moment 
into  the  contributing  sources  were  obtained  in  the  following  manner: 

1.  The  values  of  fuselage  static  pressures  were  as  shown  in 
Figures  57a  through  57 h  (the  static  pressure  measurements  were 
assumed  to  be  representative  of  all  points  on  the  fuselage 
which  were  located  at  the  same  longitudinal  station  as  the 
pressure  tap  used.  The  area  used  was  the  fuselage  area 
projected  onto  a  horizontal  plane). 

2.  The  value  of  wing  moment  contribution  was  as  determined 
previously  (see  Figure  B- 11-23,.  Volume  1). 

3.  Moment  due  to  exit  louver  vectoring  was  determined  in  the 
same  manner  as  described  in  Volume  1,  page  69. 

k.  Tail  moment  was  obtained  from  the  measured  downwash  as  shown 
in  Figure  hi  and  the  AC  -  i^_  relationship  as  shown  in 
Figure  15  (low  tail  position). 

5.  Reviewing  Figures  57a  through  it  can  be  seen  that  on  the 

upper  surface,  there  are  high  negative  pressure  coefficients 
both  in  front  and  behind  the  fan.  On  the  aft  side,  this  high 
negative  coefficient  is  confined  to  an  area  very  close  to  the 
fan  inlet.  In  the  calculation,  the  moment  contribution  of 
this  negative  portion  on  the  aft  side  was  balanced  out  by  an 
equivalent  moment  contribution  from  the  forward  side.  In 
that  way,  the  remaining  forces  aft  of  the  inlet  on  the  upper 
surface  always  represented  a  net  positive  moment  (nose  up). 
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6.  The  ram  drag  force  was  taken  to  act  at  a  point  10$  of  the 
inlet  duct  diameter  below  the  top  of  the  inlet  duct  (and  is 
referred  to  as  inlet  pitching  moment). 

7.  J85  ram  drag  was  taken  to  act  6. 3  Ft.  below  the  center  of 
gravity. 

It  can  be  seen  from  Figure  59^  that  at  low  velocity  ratios,  the 
moment  due  to  exit  louver  turning  was  the  predominant  contribution 
(this,  of  course,  can  be  minimized  by  careful  aircraft  design  in 
placing  exit  louvers  relative  to  the  center  of  gravity).  The  moments 
caused  by  static  pressures  on  the  top  of  the  fuselage  ahead  of  the 
fan  and  on  the  bottom  of  the  fuselage  behind  the  fan  constituted 
the  other  large  contributions  and  were  approximately  equal  to  each 
Other . 

The  calculations  did  not  always  exactly  account  for  the  total 
measured  moment;  however,  the  value  of  the  measured  and  the  value  of 
the  total  calculated  moment  were  within  20$  of  each  other.  This  is 
a  very  good  correlation,  considering  .that  the  large  area  of  the 
fuselage,  of  necessity,  could  only  be  sparingly  instrumented  with 
static  taps.  Assuming  the  same  limits  of  accuracy  for  each  indi¬ 
vidual  contributor  to  the  pitching  moment,  the  range  of  each  in 
percentages  of  the  total  moment  measured  is  shown  in  Table  10. 

The  static  pressure  surveys  provide  only  a  method  of  accounting  for 
moment  contributions.  The  total  moment  is  caused  by  a  sink  (fan 
inlet)  and  a  source  of  flow  (fan  discharge)  operating  in  a  crossflow. 
The  air  has  to  be  turned  90°  before  entering  the  fan  and  the  force 
required  is  proportional  to  the  mass  flow  and  initial  velocity  of 
the  crossflow  air  and  therefore,  proportional  to  ram  drag.  The  fan 
flow  discharging  into  the  crossflow  stream  is  turned  by  the  crossflow 
toward  a  horizontal  direction.  A  method  of  calculating  the  amount 
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of  pitching  moment  contribution  due  to  this  is  not  available;* 
however,  it  is  apparent  that  by  preturning  this  source  flow  (e.g., 
with  the  exit  louvers),  this  pitching  moment  contribution  will  be 
diminished.  In  the  limit  when  the  source  flow  is  ejected  parallel 
to  the  crossflow  stream,  there  would  be  no  external  pitching  moment 
contribution.  This  correlates  with  the  measured  reduction  in 
induced  pitching  moment  with  louver  vector  angle  which  is  more  than 
would  be  calculated  by  the  measured  fart  flow  reduction  and  corresponding 
ram  drag  reduction. 

Static  Longitudinal  Stability  (Fan  On): 

Static  longitudinal  stability  defined  as  the  partial  derivative  of 
pitching  moment  coefficient  with  respect  to  lift  coefficient  was 
comparable  to  the  value  for  the  unpowered  aircraft  at  conditions 
where  exit  louvers  were  set  at  0°  (see  Figure  60).  The  value  of  this 
derivative  with  exit  louver  settings  of  20°  and  35°  was  less  favorable 
as  can  be  seen  from  the  same  Figure.  The  stability  appeared  to 
decrease  with  flap  angle;  in  other  words,  the  airplane  showed 
highest  stability  with  the  lowest  setting  of  flaps.  For  example, 
compare  Figure  B-III-12  from  Volume  1,  with  Figure  60  from  this 
report.  The  30°  flap  data  is  more  believable,  as  it  showed  a  tendency 
of  the  stability  derivative  to  be  poorer  at  the  low  velocity  ratios 
and  increasing  to  approach  the  basic  unpowered  aircraft  stability  as 
the  velocity  ratio  increased.  This  is  as  would  be  expected,  since 
tail  downwash  and  other  fan  induced  effects  become  smaller  with 
velocity  ratio  increase.  Some  limited  data  obtained  with  no  flaps 
during  this  test  generally  agrees  with  the  no  flap  data  obtained 
during  the  previous  test  period;  e.g.,  high  values  of  stability  at 
low  velocity  ratios,  decreasing  as  velocity  ratios  increased.  Data 
obtained  around  trim  point  settings  was  inconsistent  due  in  large 

Reference  8  qualitatively  discusses  the  induced  moment  due  to  inter¬ 
action  of  the  existing  Jet  and  the  free-stream  flow. 
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part  to  the  tail  being  operated  very  nearly  stalled  in  order  to 
obtain  maximum  control  power.  Small  increases  in  angle  of  attack 
from  a  trim  condition  caused  the  tail  to  stall  as  observed  by  some 
static  pressures  measurements  on  the  tail  horizontal  surface  which 
were  monitored  during  test  to  determine  the  stall  condition.  This 
resulted  in  unfavorable  stability.  Control  power  available  versus 
that  required  for  trim  conditions  is  discussed  in  the  section  on 
transition  analysis.  The  variation  in  aircraft  pitching  moment 
coefficient  with  angle  of  attack  and  velocity  ratio  is  shown  in 
Figure  6l  for  p  =  0°  and  Figure  62  for  f3  =  20°  and  35°.  The  data 
shows  considerable  scatter  which  can  be  expected  with  the  relatively 
low  accuracy  of  moment  measurement  in  the  tunnel  when  the  fan  is 
operating  (see  Section  VI,  'Volume  l). 

Aircraft  Performance  with  Inlet  Vane  Removed; 

The  inlet  performance  with  the  vane  removed  was  described  in  a 
previous  section.  The  gross  performance  of  the  airplane  however  was 
only  slightly  different  from  performance  with  the  inlet  vane  installed. 
For  an  aircraft  configuration  using  the  high  tail  position  and  a  30* 
flap  angle  tested  to  0.286  Vp/V^  ,  the  significant  results  are  listed 
below  (comparing  Figures  and  56  with  Figures  55a  and  55h): 

1.  Pitching  moment  was  slightly  less  («  5$). 

2.  Lift  and  drag  were  essentially  unchanged  for  all  a  and  j3  values. 

3.  Longitudinal  stability  was  unchanged. 

It  is  apparent  that  up  to  the  velocity  ratios  tested,  which  are 
sufficient  for  transition,  there  was  very  little,  if  any,  penalty 
in  over -all  aerodynamic  performance  caused  by  removal  of  the  inlet 
vane.  More  data  at  higher  velocity  ratios  and  at  high  fan  speeds 
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for  extending  take  off  conversion  speeds  with  th9  inlet  vane  removed 
would  be  required  to  assess  the  actual  penalties  in  aerodynamic  and 
mechanical  performance  under  these  conditions.  At  first  it  may 
appear  inconsistent  that,  in  spite  of  the  high  inlet  losses 
experienced  without  the  inlet  vane  at  high  velocity  ratios,  the 
over-all  performance  remained  essentially  unchanged.  As  fax  as  lift 
is  concerned,  as  velocity  ratio  is  increased,  the  fan  contribution 
t  tal  lift  diminishes  rapidly  and  changes  in  fan  performance  do 
nut  influence  the  over-all  results  to  a  large  degree.  Over-all  drag, 
on  the  other  hand,  is  a  function  of  ram  drag,  aircraft  drag,  gross 
thrust  and  any  interactions  that  may  be  present.  Reduced  inlet 
performance  decreases  both  ram  drag  arid  gross  thrust.  Since  the 
reduction  in  inlet  performance  occurs  at  high  velocity  ratios  where 
ram  drag  is  large,  there  is  a  trade  off  in  ram  drag  and  gross  thrust 
which  results  in  practically  constant  net  thrust.  Theoretical  cycle 
analysis  of  the  fan  operating  at  constant  speed  and  any  given  flight 
velocity  indicates  that  around  20°  p, inlet  efficiency  has  no  affect 
on  the  net  thrust  of  the  fan;  below  20°  (3,  inlet  recovery  actually 
reduces  net  thrust;  above  20°  (3,  inlet  recovery  increases  net  thrust 
slightly.  At  louver  settings  above  35°,  the  improvement  in  net  thrust 
with  inlet  recovery  becomes  more  significant.  This  analysis  however 
does  not  take  into  account  any  changes  in  fan  efficiency  as  a  function 
of  distortion  in  the  inlet  and,  therefore,  it  is  very  likely  that  at 
higher  velocity  ratios  than  tested,  the  gross  performance  without  the 
vane  would  decrease  significantly  relative  to  the  performance  with 
the  vane  installed. 

The  pitching  moment  decrease  at  high  velocity  ratios  results  directly 
from  the  fan  weight  flow  and  consequent  ram  drag  decrease  caused  by 
removal  of  the  inlet  vane. 
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Transition  Analyses: 


The  aerodynamic  characteristics  of  the  airplane  and  lift  fan  test 
configuration  shown  in  Figures  b6  through  5 6  vfere  cross-plotted  to 
obtain  Figures  63  through  65  for  seven  velocity  ratios.  These  curves 
are  used  exclusively  as  the  basis  for  the  various  transitions 
presented.  Throughout  the  transition  discussion,  the  lift  character¬ 
istics  measured  in  the  tunnel  were  used  for  the  conf iguration  with  30° 
^o.ap  angle  (0.2  to  0.6  b/2);  the  measured  drag  was  reduced  by  a  drag 
coefficient  (CQ)  of  O.O65  based  on  wing  area  (see  Section  VII-B, 

Volume  1  for  basis).  For  the  moment  evaluation,  the  exit  louvers 
are  assumed  to  be  at  the  aircraft  center  of  gravity  so  that  there  is 
no  pitching  moment  contribution  from  thrust  vectoring. 

The  aircraft  gross  weight  is  assumed  to  be  7000  Lb.,  but  for  the 
purpose  of  evaluating  STOL  performance,  10$  and  20$  overloads  were 
also  analyzed. 

The  performance  equations  listed  in  Table  11  summarize  '‘he  various 
transition  flight  conditions  investigated. 
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The  aerodynamic  characteristics  of  the  airplane  and  lift  fan  test 
coni iguration  shown  in  Figures  k-6  through  56  were  cross-plotted  to 
obtain  Figures  63  through  65  for  seven  velocity  ratios.  These  curves 
are  used  exclusively  as  the  basis  for  the  various  transitions 
presented.  Throughout  the  transition  discussion,  the  lift  character¬ 
istics  measured  in  the  tunnel  were  used  for  the  configuration  with  30° 
flap  angle  (0.2  to  0.6  b/2);  the  measured  drag  was  reduced  by  a  drag 
coefficient  (C^)  of  O.O65  based  on  wing  area  (see  Section  VII-B, 

Volume  1  for  basis).  For  the  moment  evaluation,  the  exit  louvers 
are  assumed  to  be  at  the  aircraft  center  of  gravity  so  that  there  is 
no  pitching  moment  contribution  from  thrust  vectoring. 

The  aircraft  gross  weight  is  assumed  to  be  7000  Lb.,  but  for  the 
purpose  of  evaluating  STOL  performance,  10$  and  20$  overloads  were 

Q.1  CO  Qripl 
■  «  1  x  V  ‘  ■*-  ■  j 

The  performance  equations  listed  in  Table  11  summarize  the  various 
transition  flight  conditions  investigated. 


TABLE  11 

TRANSITION  EQUATIONS  OF  MOTION 


Flight  Condition 


1.  Level  unaccelerated 
flight. 


2.  Level  accelerated 
flight  and  level 
decelerated  flight. 


3.  Constant  speed  climb. 


4.  Accelerated  climb  and 
decelerated  descent. 


5.  S.T.O.L. 


a.  Ground  run 


b.  Distance  for 
rotation. 


Distance  to  climb 
out 
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Unaccelerated  Level  Flight: 


It  is  possible  to  hold  the  airplane  at  a  steady  forward  speed  in 
level  flight  with  a  combination  of  wing  lift  and  fan  power  over  the 
complete  speed  range  from  hover  to  conversion  by  a  suitable  choice 
of  angle  of  attack  (oi)  and  louver  setting  (p).  With  a  gross  weight 
of  ^000  Lb.,  then  =  7000/p  Aj,  (V^  )“.  For  the  fan  speed  which 
corresponds  to  a  hover  lift  of  7000  Lb.,  =  0.315  and,  if  the  fan 
speed  is  held  constant,  it  is  only  necessary  to  select  an  a  and  p 
schedule  at  several  velocity  ratios,  Vp/V  ,  representing  the 
transition  which  will  satisfy  both  ^  =  0.315  and  =  0. 

For  the  seven  velocity  ratios  arbitrarily  selected,  a  and  p  combina¬ 
tions  have  been  determined  for  this  type  of  take  off  transition  and 
are  plotted  as  a  function  of  forward  speed  in  Figure  66.  This  type 
1  flight  path  can  also  be  accomplished  with  fan  speed  as  an  additional 
variable .  In  this  case,  the  value  of  will  be  0*315  at  hover,  but 
will  vary  throughout  the  transition  to  satisfy  the  total  lift  =  7000 
.  requirement.  A  different  oc  and  p  schedule  will  then  be  required 
to  satisfy  the  ^  schedule  and  HD  =  0  criteria. 

Acceleration  and  Deceleration  in  Level  Flight : 

For  maximum  acceleration,  the  minimum  value  of  Hp  (i.e.,  the  largest 
negative  number)  is  selected  which  satisfies  the  requirement. 

For  the  case  where  is  maintained  constant  at  O.315  (fan  speed 
constant),  the  a  and  p  schedule  corresponding  to  a  maximum  accelera¬ 
tion  in  level  flight  is  shown  in  Figure  67. 


From  the  equation  of  motion  for  accelerated  level  flight  shown  in 
Table  11. 


dt 


G.W. 

g 


(l 


D  \  <Vtip>2'»D 


-) 


d  VT 
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Hp,  varies  with  Vp  for  this  type 


w  u. 


-‘--‘--‘-Cjii  o  jJCXOii 


G.  W. 
g 


(T 


P  *F  (vtlp>  «D  »i„ 


-) 


is  plotted  as  a  function  of  Vp  in  Figure  67,  and  the  area  under  the 
curve  for  any  velocity  interval  can  be  measured,  yielding  the  time 
to  a-celera-te  between  two  flight  speeds.*  Similarly,  the  distance 
r  q^ir^d  accelerate  to  any  speed  can  be  obtained  by  measuring  the 
area -under  the  velocity  time  curve  and  this  is  also  shown  in  Figure  67 
Maximum  acceleration  as  a  function  of  forward  speed  can  be  calculated 
directly  from  the  equation  of  motion  and  is  plotted  in  Figure  67 


A  similar  procedure  may  be  used  to  decelerate  for  landing  in  level 
flight.  The  primary  difference  from  an  accelerating  transition  is 
that  the  velocity  ratio  for  a  given  flight  speed  is  higher  since 

the  fan  is  °Perafi^g  at  reduced  power  settings  for  most  of  the 
landing  transition. 


Assuming  a  maximum  deceleration  rate  of  O.J  g  or 


max 


allows  an  a  and  0  schedule  to  be  selected  for  decelerated  level 
flight.  For  this  transition,  a  was  maintained  at  zero  and  the 
fan  speed,  p  schedule,  deceleration  rate, horizontal  distance  and 
tinie  as  a  function  of  flight  speed  are  plotted  in  Figure  68. 


The  time  interval  for  the  last  10  knots  of  a  transition  to  maximum 
anceleratlon^for  P°1“t)  ^  tal"n  b“e4  0”  "««• 
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Constant  Speed  Climb: 


If  Vp,  the  speed  along  the  flight  path,  is  held  constant  and  the 
flight  path  inclined  at  an  angle  8  to  the  horizontal,  V  =  dh/dt 
is  the  rate  of  climb  (vertical  component  of  velocity).  The  equation 
of  motion  for  a  constant  speed  climb  is  given  in  Table  11  and 
6  =  tan  1 

For  a  constant  100$  fan  speed  condition,  to  select  the  maximum 
climb  angle,  it  is  necessary  to  determine  by  iteration  the  largest 
negative  value  of  at  each  velocity  ratio  which  satisfies  both 
=  O.315  cos  6  and  -H^  =  0.315  sin  &  from  Figures  63  and  64. 

This  is  similar  to  the  procedure  used  in  defining  maximum  accelera¬ 
tion  in  level  flight,  except  that  the  excess  thrust  used  to 
accelerate  the  aircraft  in  level  flight  is  now  used  to  climb.  The 
OL  and  (3  schedules  for  this  condition  and  the  rate  of  climb  and  climb 
angle  as  a  function  of  flight  speed  are  shown  in  Figure  69. 


Accelerated  Climb  and  Decelerated  Descent: 

Two  methods  of  approach  could  be  used  to  solve  the  equation  of 
motion.  The  rate  of  climb  could  be  maintained  constant,  or  the  climb 
angle  could  be  held  constant  and  the  rate  of  climb  varied.  Whichever 
method  was  vised,  the  boundaries  of  the  problem  are  defined  by  the 
acceleration  in  level  flight  (i.e.,  zero  climb  angle)  and  the  constant 
speed  climb  (i.e.,  maximum  rate  of  climb).  It  can  be  seen  that  an 
infinite  number  of  accelerated  climb  paths  are  available  in  between 
these  two  limiting  paths. 

The  descent  is  accomplished  in  a  similar  manner,  but  for  this  case, 
the  gross  weight  component  acting  along  the  flight  path  (G.W.  sing) 
tends  to  accelerate  the  aircraft  downwards.  The  equation  of  motion 
is  exactly  the  same  as  for  the  accelerated  climb,  but  in  this  case, 
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dh/dt  is  negative.  Since  this  is  a  deceleration,  it  was  assumed  that 
it  would  occur  following  a  conversion  from  conventinal  flight  to 
ian  powered  flight  and  the  analysis  was  carried  out  as  for  the  level 
acceleration,  commencing  with  a  low  fan  speed. 


For  a  constant  rate  of  descent,  6  is  known  and  =  O.315  cos  6 

^Vtip /Vtip  ^  ^  iteration  process  at  each  flight  speed  to  determine 

V  a  “id  P  can  be  followed  to  satisfy  the  -0.3  g  criterion  as 
follows : 


1. 


2. 


3. 


Select  N_,  and 

r 


<WV  tip)' 


Calculate  H 

L> 

Determine  a  from  rate  of  descent  and  given  flight  speed  for  a 
constant  attitude. 


4.  Obtain  p  and  which  corresponds  to  the  calculated  values  of 
a  and  Ht  from  Figures  70a  through  71c. 

5*  Solve  the  relationship 


P  Ay  (V  Hp  +  G.  W.  sin  6 

cos  9 


6.  Repeat  the  process  by  changing  fan  speed  until  the  solution  to 
the  above  relationship  approaches  a  minimum  value,  but  not  less 
than  -0.3. 


Figures  70a  through  71c  are  similar  to  Figures  63  and  6k,  except 
that  they  were  extended  to  include  the  higher  velocity  ratios;  and 


* 

Correction  factor  for  varying  fan  speed  see  page  51,  Volume  1 
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the  data  at  other  them  a  =  0°  above  0.3  Vp/V  is  extrapolated. 

Data  at  low  velocity  ratios  above  a  ss  16°  was  also  estimated  to 
enable  the  analysis  to  cover  the  entire  landing  sequence. 

For  the  decelerated  descent  flight  path,  the  a  and  p  schedule,  fan 
speed  and  deceleration  rate  are  plotted  in  Figure  72.  If  the  equation 
of  motion  is  written  in  the  form 


d  V 


can  be  evaluated  for  several  values  of  Vp  and  plotted  against  Vp. 

Then  the  area  under  the  curve  between  any  two  values  of  Vp  is  the 
time  required  to  slow  down  from  the  higher  to  the  lower  speed. 

A  plot  of  velocity  as  a  function  of  time  is  shown  in  Figure  72.  The 
area  under  this  curve  yields  the  distance  needed  for  decelerating  the 
aircraft,  and  a  velocity  -  distance  curve  is  also  shown  in  Figure72  . 

If  it  is  assumed  that  the  airplane  will  be  at  ground  level  when  a 
speed  of  10  knots  is  attained,  a  step-by-step  procedure  from  this 
point  can  be  followed  to  determine  a  speed  -  altitude  curve.  This 
is  also  shown  in  Figure  72. 

Short  Take  Off  Analysis: 

Three  load  conditions,  lift  equal  gross  weight  and  10#  and  20#  overload 
were  investigated  for  short  take  off  to  clear  a  50  foot  obstacle.  This 
can  be  represented  by  the  relationship  - 


-57- 


Total  distance  (X)  =  Ground  run  distance  (X  )  +  distance 

required  for  rotation  to  climb  out  angle 
(X2)  +'•  distance  required  to  climb  out  (X,) 

For  the  ground  run  during  take  off,  the  equation  of  motion  is  shown 
in  Table  11.  If  G.W.  is  arbitrarily  set  equal  to 

P  ^Vtip^  HG.W. 

p 

then  this  equation  can  be  divided  by  p  (v^  )  yielding 

Hd  •  p(hg.w.  ■  hl)  =  hg.w./s  d"  x/dt2 

where  pi  is  the  rolling  coefficient  of  friction  assumed  to  be  0.0 J. 


Since  Vp  =  dx/dt 
2  2 

then  d  x/dt  =  d  Vp/dt  =  d  Vp/dx  dx/dt 
or  dcx/dt2 


=  Vp  d  Vp/dx 


Therefore,  Hp  -  pi  HQ  +  pi  Hp 


H_  .. 

Lr  .  W  . 


V. 


13 

dx 


Hp  and  Hp  will  vary  as  a  function  of  Vp  and  the  variables  in  the 
above  equation  can  be  separated  to  yield 


dx. 


HG.W.VPdVP 


glV^G.W.+pV 

r 

or  ground  roll  distance  (X  )  =  I 


Vp  at  take  off 

HG.W,VPdVP 

g(HD-pHG.W.+pHL) 


0 


„  hg.w.  vp 

The  term  g(Hp-MHG>w  +piHp)  CaJ1  be  plotted  gainst  Vp 

using  the  values  of  Hp  and  Pip  from  Figures  63  through  64  for  a  =  0‘ 
and  the  following  f3  schedule:* 


The  p  schedule  selected  is  based  on  several  trial  solutions  and  appears  to 
yield  near  optimum  STO  performance. 


Take  Off  Weight 
Max.  Installed  Lift 


P  Setting 


By  measuring  the  area  under  this  curve  from  zero  to  the  take  off  speed, 
the  ground  roll  distance  was  obtained.  This  curve  is  plotted  for  the 
three  gross  weight  values  in  Figure  73. 

The  rotation  to  an  optimum  climb  path  imposes  an  additional  weight 
increment  due  to  centrifugal  force  £D. W.  =  G.W./g  where  cu  is  the  rate 
of  rotation  in  radians/sec.  For  straight  and  level  flight  the  H  values 
required  lor  zero,  10$  and  20$  overload  are  0.315,  0.346  and  O.378 
respectively  at  100$  fan  speed.  For  the  rotational  motion,  an  additional 
increment  in  ^  will  then  be  required  to  overcome  the  centrifugal  force 
mp  nen  .  In  order  to  maintain  exit  louver  angle  constant  throughout 
tnS  take  off'  11  ls  necessary  to  review  Figures  63  through  64  to  deter¬ 
mine  the  flight  speed  at  the  end  of  ground  run  sufficient  to  provide  the 
lift  coefficient  F^  necessary  for  both  lift  off  and  rotation  and  at  the 
same  time  to  provide  sufficient  thrust  for  climb. 

A  small  part  of  the  Hp  required  is  obtained  from  the  tail  lift.  With  the 
tail  lift,  the  lowest  flight  speed  which  satisfied  each  weight  condition 
wa.o  60  and  60  knots  respectively. 

The  rotation  and  climb  can  be  accomplished  in  many  ways,  primarily 
dependent  on  the  angle  of  attack  selected  at  the  end  of  the  ground  run. 

An  approximate  analysis  indicated  that  for  the  lift  equal  gross  weight 
condition,  selection  of  a  =  +  4°  at  the  beginning  of  rotation  was  about 
optimum  (in  terms  of  shortest  distance  to  complete  the  ST0).  For  these 
conditions,  HD  =  -O.O65  and  F^  at  lift  off  was  0.351  (0.315  from 
figure  70b  and  O.O36  from  interpolation  of  Figures  65a  and  65b)  * 

tail  moment.  .  Llt  and  ^ 


The  rate  of  rotation  cu  =  £G.W.g/G.W.  Vp  (where  Z£.W.  is  proportional  to 
Hj^  at  lift  off  minus  in  level  flight  or  0.351  -  O.315)  was  3.5°/sec. 
The  climb  out  angle  given  by  tan”1  would  be  about  10.5°.  The 

rotation  is  therefore  completed  in  about  three  seconds  in  a  distance  of 
180  feet  (assuming  Vp  is  essentially  constant).  The  height  gained 
during  rotation  would  approximate  180  tan  6/2  =  16.5  feet. 

For  the  remaining  33.5  feet  to  clear  the  obstacle,  retaining  the  climb 
out  angle  at  10.5°  at  constant  Vp,  X,  =  33.5/tan  6  =  189  feet.  The  total 
STO  distance  then  taking  the  ground  roll  distance  (X  )  from  Figure  8l 
would  be 

X  =  140  +  180  +  189  =  509  Feet. 

Table  12  shows  the  results  of  the  analysis,  including  the  10$  and  20$ 
overload  conditions.  Figure  74  also  shows  this  relationship. 

TABLE  12 


SHORT  TAKE 

OFF  DISTANCE 

AS  A  FUNCTION  OF 

TAKE  OFF  WEIGHT 

a* 

( Deg.) 

P 

(Deg) 

< X ) 

(°/Sec) 

- 5 - 

(Deg) 

X1 

(Ft) 

X2 

(Ft.) 

X3 

(Ft) 

X 

(Ft) 

With  Tail  Trim: 

Lift  =  G.W. 

+  4 

30 

5.5 

10.5 

140 

180 

I89 

509 

10$  O.L 

0 

50 

5.1 

9.7 

422 

300 

l4o 

862 

20$  O.L. 

+4 

55 

O.78 

9.0 

530 

865 

- 

1195 

Without  Tail  Trim: 

Lift  =  G.W. 

+4 

20 

2.4 

5-5 

219 

128 

460 

807 

10$  O.L. 

+3 

25 

1.7 

5.0 

551 

270 

447 

1248 

20$  O.L. 

+2 

25 

O.78 

4.5 

665 

550 

400 

1615 

*  '  - - - - 

d  refers  to  the  angle  of  attack  during  rotation. 

It  should  be  noted  that  these  STO  analyses  are  conservative  to  the  ex¬ 
tent  that  no  advantage  has  been  taken  for  the  possibility  of  applying  a 
variable  p  schedule  during  the  ground  run. 
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Pitch  Control  Requirements  During  Transition : 


The  out-of -balance  pitching  moment  is  plotted  in  Figures  75,  76, 

and  77  for  three  flight  conditions :  maximum  climb,  maximum 

acceleration,  and  a  constant  attitude  descent.  These  were  al 1 

determined  from  test  data  with  the  tail  off.  For  the  purpose  of 

this  moment  analysis,  the  louvers  were  assumed  to  be  located  at 

the  center  of  gravity  and  consequently,  there  is  no  moment  from 

turning  the  flow.  A  high  lift  (split  flap)  tail  using  a  maximum 

* 

pitching  moment  coefficient  of  0.7  was  used  to  determine  the 
available  control  moment  and  additional  control  moment  required. 

It  can  be  seen  that  when  the  tail  is  used  to  provide  a  nose  down  moment 
for  control,  an  additional  lift  force  will  be  developed  not  included 
in  previous  transition  calculations .  This  lift  force  will  have  a 
peak  value  close  to  2000  pounds  which  means,  in  effect,  that  the 
previous  performance  estimates  are,  to  some  extent,  pessimistic  at 
the  high  speed  end  since  these  points  are  based  on  zero  tail  lift. 

The  main  effect  on  these  calculations  will  be  that  the  time  to  speed 
and  time  to  altitude  will  be  improved  due  to  the  additional  thrust 
available  from  trading  lift  for  thrust. 

In  reviewing  Figures  75  through  77  >  it  can  be  seen  that  the  maximum 
additional  control  required  occurs  for  either  the  maximum  accelera¬ 
tion  or  maximum  climb  case,  and,  assuming  the  pitch  reaction  control 
is  located  as  shown  in  Figure  J,  Volume  1,  this  would  represent  a 
force  equivalent  to  approximately  7$  of  the  gross  weight.  If  pitch 
control  were  located  in  both  t(he  tail  and  nose  of  the  aircraft  and  the 
fan  center  of  lift  relocated  relative  the  aircraft  center  of  gravity, 
this  additional  control  requirement  could  be  reduced  to 

Equivalent  C  =  1.17 

i-i  U 
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approximately  5  l/ 2#  of  gross  weight.  Because  of  the  lower  fan 
speeds  required  during  landing,  the  additional  moment  required  is 
only  about  50 %  of  that  required  for  take  off. 


E.  MECHANICAL  PERFORMANCE 


Rotor : 

A  detailed  mode  analysis  of  the  rotor  vibratory  stresses  has  been 
made  and  the  data  are  presented  in  Tables  13,  14,  15  and  16. 

These  results  show  the  rotor  stress  characteristics  as  a  function  of 
fan  speed,  tunnel  speed,  0  and  yaw  angle.  Angle  of  attack  did  not 
affect  the  rotor  stress  relationships  except  in  the  region  where  the 
wing  stalled.  In  this  region,  blade  stresses  increased  slightly  and 
began  to  amplitude  modulate.  Since  yawing  the  airplane  resulted  in 
stalling  the  wing  at  lower  angles  of  attack,  the  blade  stresses 
increased  slightly  and  began  to  modulate  at  this  same  lower  angle 
of  attack.  The  effect  of  removing  the  inlet  vane  is  also  shown 
in  the  tables.  In  many  cases  it  is  not  possible  to  determine  the 
exact  change  in  stress  resulting  from  a  variation  of  OL,  p,  -Jr,  etc. 
since  fan  speed  is  not  held  constant.  Nearby  resonances  whose 
amplitudes  are  a  function  of  speed  make  it  impossible  to  pin  down 
the  exact  stress  change  without  extremely  detailed  data  reduction 
process.  The  rather  small  stress  changes  observed  do  not  warrant 
such  an  analysis. 

The  rotor  blade  stress  analysis  was  made  using  three  gages  -  90B2, 
51B3  and  51B5  (refer  to  page  92,  Volume  1  for  the  gage  location 
specification.  Blade  90  was  also  used  for  the  analysis  in  Volume  1 
These  three  gages  were  the  most  important  to  the  analysis,  and 
fortunately,  they  were  functioning  properly  throughout  the  test. 

Gage  90B2  responds  primarily  to  the  cosine  n6  and  the  first  torsional 
modes.  The  first  flexural  stress  response  of  this  gage  is  less  than 
40$  of  the  first  flexural  stress  read  on  other  gages.  Gage  90B2  is 
located  near  the  trailing  edge  just  above  the  dovetail  on  the  concave 
side  of  the  blade.  Gage  51B5  responds  almost  exclusively  to  the 
first  flexural  mode.  The  gage  is  located  just  below  the  tip  tang 
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TABLE  13 

DYNAMIC  ROTOR  BLADE  STRESSES  A3  A  FUNCTION  OF  Vp,  P  AND  N. 
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DYNAMIC  ROTOR  BLADE  STRESSES  AS  A  FUNCTION  OF  YAW  AND  TUNNEL  VELOCITY 


DYNAMIC  ROTOR  BLADE  STRESSES  WITH  THE  INLET  VANE  REMOVED  AS  A  FUNCTION  OF  TUNNEL  VELOCITY 
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51BJ  1710  60  0  0  4500  2200  2200  700 

51B3  1740  60  0  35  5000  3000  2500  700 

51B3  1725  80  0  0  7  500  peak  4000  peak  4700  700 

51B3  1720  80  0  20  7  500  peak  4000  peak  4000  peak  500 


and  it  reads  the  highest  flexural  stress  of  any  gage  on  the  blade. 
Gage  51B3  responds  to  flexural,  torsional  and  the  cosine  n 0  modes. 
It  does  not  read  the  highest  stress  in  the  blade  for  any  mode,  but 
it  reads  over  70$  of  the  maximum  stress  for  any  mode.  This  gage  is 
located  5.5  inches  from  the  dovetail  on  the  leading  edge  concave 
side . 


The  following  table  lists  the  various  resonant  speeds  for  the  blades 
and  system  modes. 


TABLE  17 

BLADE  RESONANT  SPEEDS  AND  SYSTEM  MODES 


Speed  RPM 

Mode 

Excitation 

1690 

39 

3/rev 

1705 

First  torsional 

16/ rev 

1800 

First  flexural 

8/  rev 

1980 

40 

4/rev 

2100 

50 

5/rev 

2100 

20 

2/rev 

2570 

6<9 

6/ rev 

27430 

First  torsional 

12^rev 

Table  13  shows  the  change  In  blade  stress*  as  a  function  of  cross- 
flow,  exit  louver  angle  and  fan  speed. 


The  1st  flexural,  1st  torsional  and  cosine  2 0  stresses  need  not  add 
up  to  the  total  stress  for  two  reasons:  the  stresses  in  the  various 
modes  are  vector  quantities  and  the  stress  level  is  so  low  that  the 
noise  level  of  the  gage,  recording  and  playback,  system  can  introduce 
small  errors. 

Crossflow  and  3  variations  above  2300  RPM  resulted  only  in  a  change 
in  the  magnitude  of  the  cosine  29  stress.  Any  change  in  the  flexural 
or  torsional  mode  stresses  was  a  function  of  speed  only  (i.e., 
proximity  to  the  resonant  speed).  Gage  90B2  had  the  largest  increase 
in  the  29  stress  as  was  expected.  The  increase  between  points  1  and 
2  in  Table  13  is  3000  psi  in  the  26  mode.  When  speed  is  decreased 
200  RPM  holding  the  same  configuration  as  point  2,  the  26  stress 
increases  2250  psi  point  3*  This  is  a  result  of  speed  moving 
closer  to  2100  RPM,  the  cosine  26  resonant  speed. 

The  torsional  mode  was  found  to  be  independent  of  crossflow  velocity 
and  p  angle  by  comparing  decelerations  through  the  torsional  resonance 
speed  (2380  RPM)  for  3  =  0°  and  20  knots,  and  3  =  350  and  100  knots. 
The  maximum  torsional  stress  gage,  90B2,  showed  5000  psi  at  both 
conditions .  The  only  exception  to  the  above  general  statement 
occurred  at  40°  3  setting  and  tunnel  velocities  of  40  knots  and 
below  with  fan  speeds  near  2500  rpm.  The  torsion  stress  increase  was 
highest  at  30  knots,  even  though  speed  was  moving  away  from  the 
torsional  resonance.  This  increase  was  small,  1250  psi  and  the 
cause  has  not  been  thoroughly  investigated.  The  flexural  mode  at 
1800  RPM  was  also  found  to  be  independent  of  crossflow  and  3  angles 
during  the  first  Ames  test, 

*  All  stress  values  in  this  report  are  single  amplitude  (sa) 
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The  cosine  2 Q  mode  stresses  are  shown  .in  Figure  78  as  a  function  of 
flight  speed  and  louver  angle  for  the  normal  fan  operating  speeds 
These  values  are  low  relative  to  a  running  limit  of  14,500  psi 
since  the  operating  speed  is  not  near  the  2100  resonance  speed. 

Also  shown  in  Figure  78  are  the  peak  cosine  29  mode  stresses  observed 
during  transients  through  the  resonant  speed  at  various  tunnel 
velocities  and  p  angles.  The  peaks  always  were  higher  during 
deceleration  than  during  acceleration.  Transients  were  not  obtained 
above  60  knots;  however,  running  limits  were  exceeded  at  60  knots 
when  the  exit  louvers  were  at  55°  setting. 

Yaw  from  +8°  to  -16°  had  very  little  effect  on  blade  stresses  as 
shown  in  Table  14.  Factoring  out  the  change  in  stress  due  to 
resonances  changing  as  a  function  of  speed,  yaw  produced  500  psi 
or  less  stress  variation.  It  is  somewhat  deceiving  to  say  yaw  does 
not  affect  blade  stress  since  at  some  larger  yaw  angle  the  inlet 
vane  will  cease  to  function  properly  and  the  blade  stress  as  a  result 
of  inlet  distortion  will  increase  much  like  the  stresses  increase  when 
the  inlet  louver  is  removed. 

With  the  inlet  vane  removed  and  up  to  and  including  40  knots  tunnel 
velocity,  there  was  no  change  in  stress  levels.  At  60  knots  and 
above,  the  stress  changes  are  shown  in  Table  15.  In  general,  the 
absence  of  the  inlet  louver  increased  both  the  flexural  arid  torsional 
blade  stresses  at  crossflow  velocities  of  60  knots  and  above.  The 
type  of  vibration  changes  from  a  pure  resonant  type  with  a  constant 
amplitude  to  a  separated  flow  type  of  vibration  with  rapidly  modulating 
amplitudes.  The  separated  flow  exciting  force  could  come  either  from 
the  separated  inlet  or  from  the  inlet  air  angles,  being  such  that  the 
air  is  separating  on  the  blade  airfoil.  Closing  the  exit  louvers  to 
35°  at  1700  RPM  without  the  inlot  louver  did  not  change  the  blade 
stress  at  any  crossflow  velocity  as  long  as  speed  was  held  constant  as 
shown  in  Table  16. 

Running  Limits  =  - ^  ,-g  -  (see  Table  12,  Volume  l) 
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The  addition  of  the  tab  at  the  carrier  ends  did  two  things : 

1.  Change  the  frequency  of  the  cosine  nS  modes. 

2.  Lowered  the  torque  transmission  stresses. 

The  cosine  n0  mode  changes  are  shown  below: 


TABLE  18 

CHANGE  IN  COSINE  n0  MODES  WITH  TORQUE  BAND  DESIGN  CHANGE 


Mode 

RPM  -  No  Tab 

RPM  -  With  Tab 

20 

2080 

2100 

30 

1520 

1690 

i+e 

1680 

1980 

50 

1800 

2100 

60 

2000 

2350 

The  tangential  torque  band  stress  at  2250  RFM  was  reduced  from  10,000  psi 
to  6,800  psi.  If  the  data  from  the  previous  testing  were  extrapolated 
to  2600  RPM,  that  torque  band  stress  would  be  12  to  15>000  psi,'  with 
the  tab,  the  stress  at  2600  RFM  was  5,500  psi.  The  addition  of  the 
tab  provided  another  friction  surface  between  carrier  and,  therefore, 
more  torque  was  transmitted  through  the  carriers  instead  of  the  torque 
band. 


No  significant  changes  from  the  results  reported  in  Volume  1 
in  stator  or  louver  stresses  or  fan  vibration  and  rotor  bearing 
characteristics  were  noted  throughout  the  test. 
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Torque  Band  Failure  : 


Component  inspection  following  23  hours  of  testing  revealed  cracks 
in  the  fan  rotor  torque  bands.  Specifically,  cracks  had-  occurred  in 
both  bands  and,  as  in  the  previous  test  period,  were  located  at  the 
joint  of  adjacent  turbine  bucket  carriers.  This  time,  however,  the 
cracks  were  situated  near  the  axial  center  of  the  band  and  were 
oriented  circumferentially  in-line  with  the  band  components.  Con¬ 
sideration  of  location  and  orientation  of  the  cracks  resulted  in  a 
decision  to  continue  testing  to  observe  crack  propagation  and  inci¬ 
dence  as  a  function  of  test  time  and  test  conditions. 

Subsequently,  eight  hours  of  tests  were  conducted  at  rotor  speeds  up 
to  87$  with  no  new  cracks  occurring  or  propagation  of  existing 
failure  areas.  The  test  plan  was  completed  without  compromise. 


Analysis  of  the  failure  has  been  concerned 


with  the  following  items : 


1.  Study  of  stresses  recorded  during  test  and  a  comparison  of 

vibratory  stresses  in  the  band  at  the  torque  transmitting  attach¬ 
ment  point  with  those  measured  at  the  joint  of  adjacent  carriers. 


Strain  gage  sensors  were  applied  to  both  torque  bands  in  an 
attempt  to  record  and  measure  vibratory  stresses  in  the  band 
at  the  center  of  the  bucket  carrier  (torque  transmitting 
attachment  point)  and  at  the  joint  of  adjacent  carriers.  (Gage 
location  however  was  chosen  to  monitor  stresses  adjacent  to 
the  attachment  ear  (b/U  #2  failure)  and  did  not  cover  the 
failure  areas  in  this  test.)  Tapes  of  stresses  recorded  during 
these  tests  do  not  show  a  significant  change  in  level  between 
the  two  locations.  The  maximum  stress  level  tended  to  be 
slightly  lower  than  measured  in  the  previous  tests  (8  -  9  k°j- 
versus  10  ksi). 
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2. 


Support  Tab  Fit-Up  -  Component  inspection  has  shown  that  the 
cracks  in  the  band  were  coincident  with  the  toe  on  the  support 
tab  added  as  a  fix  for  this  testing.  It  was  felt  that  the 
stack -up  variation  in  tab-band  fit-up  during  rotor  assembly 
which  produced  cold  clearances  smaller  than  design  (0.010)  may 
have  resulted  in  high  radial  shear  and  bending  loading  in  the 
band  at  the  support  tab  toe.  Data  taken  during  assembly  and 
confirmed  in  teardown  showed  that  the  tab-band  clearance  ranged 
from  0.002  to  0.018  inches  across  the  total  of  72  tabs  assembled 
to  the  fan  rotor.  There  is  no  correlation  however  between  this 
clearance  and  the  band  failure  locations. 


Forward  Band 


Aft  Band 


Failure  Location 
Tab  22 
27 
32 
36 

Tab  5 


Clearance 
0.012  -  0.014 
0.008  at  weld 
0.007 

0.010  at  weld 
0.010  at  weld 


Further  inspection  during  teardown  indicates  that  all  tabs  on 
the  forward  side  of  the  carrier  had  been  in  contact  with  the 
band  during  test. 


3.  Comparison  of  the  Steady-State  Stresses  in  the  Forward  Band 

Relative  to  the  Aft  Band  -  Torque  band  analyses  using  measured 
temperature  gradients  show  a  significant  reduction  in  steady- 
state  stresses  and  hence,  an  increase  in  permissible  vibratory 
stress  on  the  aft  band  component. 


Measured  vibratory  stresses  from  identical  gage  locations  show 
nearly  equal  stress  levels  on  the  two  components.  It  is  felt 
that  the  aft  band  failure  must  be  regarded  as  a  material 
deficiency  in  the  heat  affected  weld  area  or  the  interaction 
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between  the  support  tab  and  cold  assembly  clearance  relative 
to  the  band.  The  aft  band  did  not  show  marks  of  tab-band 
contact  that  were  evident  on  the  forward  band. 

4.  Shutdown  Transients  -  Analysis  of  shutdown  transients  to 
determine  feasibility  of  limiting  stresses  has  been  completed. 
There  is  no  indication  that  this  condition  would  result  in 
high  amplitude,  low  cycle  fatigue. 

5.  Teardown  Inspection  Results  -  Component  teardown  and  inspection 
have  been  completed.  Flourescent  penetrant  and  optical 

* 

inspection  have  confirmed  the  original  data.  A  total  of  five 
cracks  were  noted:  4  cracks  in  the  forward  band;  2  in  parent 
metal;  and  2  in  heat  affected  weld  zones;  or.e  crack  in  the 
aft  band  in  a  heat  affected  weld  area.  At  least  two  of  the 

support  tabs  in  failure  locations  show  evidence  of  shear 
damage  of  the  t.ab  carrier  support  rabbet  indicating  severe 
radial  loading. 

Tne  theory  of  failure  resulting  from  this  investigation  is  built  on 

the  interaction  of  the  torque  bands  with  the  rotor  system  axial 
vibration.  As  the  rotor  is  accelerated  through  these  modes,  the 
axial  displacement  of  the  bands  about  their  maximum  inertia  axis 
results  in  a  radial  motion  of  the  unsupported  band  lips.  Con¬ 
struction  of  the  rotor  permits  this  displacement  to  occur  only  at 
the  joint  of  adjacent  bucket  carriers  and  the  radial  movements  of 
the  lip  is  a  vibratory  stress  not  sensed  at  the  other  attachment 
location.  The  addition  of  the  support  tabs  in  the  system  was 

an  attempt  to  provide  support  for  the  band  at  this  location  and 
effectively  redistribute  the  vibratory  loading  away  from  the  attach¬ 
ment  ears  and  Inherent  stress  concentration  areas.  The  support 
tabs  did  result  in  a  redistribution  of  loading,  but  the  assembly 
stack-up  and  inability  of  the  support  to  contain  the  radial  motion 

"subsequent  metallurgical  analysis  in  the  laboratory  identified  a 
sixth  crack  in  the  aft  band. 
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of*  "ths  overhung  lip  resulted.  In  high  sheer  loading  and  "bending 
about  the  support  tab  toe.  This  combined  loading  in  the  band 
caused  fatigue  failure  in  that  area. 

A  design  change  to  correct  this  problem  has  resulted  in  two  new 
conf igurations,  each  of  which  will  be  demonstrated  in  future  fan 
tests . 


i 


6.  The  louvers,  lever  arms  and  pushrod  were  zygloed.  One  slight  crack 
in  a  corner  weld  on  louver  #37  was  found;  this  has  been  benched  out. 

7.  The  instrumentation  was  completely  removed  at  teardown. 

8.  Figure  82  shows  a  crack  propogation  in  the  sawcut  of  the  support 

ring  between  the  fan  and  turbine  stators  due  to  thermal  grcwth; 
this  has  been  stop  drilled. 

SCROLL 

1.  No  visible  wear  observed  in  any  section  of  the  scroll;  the  mounts, 

hangar  brackets  and  several  partition  weld  areas  were  spot  zyglo 

checked. 


ROTOR 

1.  The  disc  and  shaft-were  magnafluxed,  no  cracks. 

2.  Two  tabs  on  the  aft  retainer  ring  had  indications  in  several  spot 
welds.  These  were  observed  at  previous  zyglo  before  build-up; 

no  new  cracks  are  indicated. 

3.  Platforms  were  zygloed  and  are  in  good  condition. 

L.  Blades  show  no  nicks  or  dents  in  the  airfoils;  magnaflux  was  satis¬ 
factory.  Dovetails  and  tangs  showed  no  signs  of  fretting.  The 
blades  were  completely  cleaned,  including  removal  of  all  strain 
gage  instrumentation. 

5.  Carriers  were  cleaned  and  zygloed,  no  cracks.  Several  pieces  from 
the  bucket  shroud  were  missing  on  teardown  (Figure  83  ).  These 
probably  broke  off  during  the  shroud  rub.  Carriers  show  no  new 
foreign  object  damage  other  than  what  was  observed  before  build-up. 
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1 


^  •  All  pins  zyglo  tested,  satisfactorily .  The  amount  of  pin  bow  varied 
between  0.004  inches  to  0.006  inches.  Carrier  holes  were  scored 
by  pin  removal  and  will  be  polished.  Larger  pins  will  be  required 
for  improved  fit  in  next  build-up. 

7.  Torque  band  cracks  that  were  found  during  tests  (after  20  hours) 
were  also  apparent  from  zyglo  inspection  after  disassembly.  A  total 
of  six  were  found  ( k  in  the  forward  band  and  2  in  the  aft  band). 

8.  The  tabs  that  were  added  to  provide  additional  support  for  the 
torque  bands  were  zygloed  and  three  had  crack  indications  near  the 
heel.  Six  others  removed  from  assembly  prior  to  zyglo  had  visible 
cracks  in  the  same  area. 

9.  The  covers  were  zygloed  and  were  all  satisfactory. 


II 

0 


I 
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VII  RECOMMENDATIONS 


The  nature  of  the  work  under  contract  DA  44-TC-584  is  such  that  specific 
individual  recommendations  are  made  in  the  regular  and  continuing  working 
relationships  between  the  contractor,  TRECOM  and  NASA-Ames.  Such 
recommendations  are  usually  presented  in  correspondence  and  in  the  bi¬ 
monthly  technical  progress  reports  and  are  not  restated  here.  Also,  in 
the  body  of  this  report,  individual  technical  recommendations  are  incor¬ 
porated  in  the  technical  discussions  of  which  they  are  appropriately  an 
inseparable  part. 

The  intent  of  this  part  of  the  report  is  to  summarize  the  major  program 
recommendations  relating  to  the  continuation  of  the  work.  These  are: 

A.  Complete  the  wind  tunnel  testing  of  this  lift  fan  in  the  fuselage 
configuration  by  conducting  tests  of  airplane  -  lift  fan  interaction 
in  ground  effect  take  off  and  ground  effect  hover,  with  the  objective 
of  increased  understanding  of  tail  downwash,  lift  variations,  longi¬ 
tudinal  stability  and  control,  reingestion  and  fan  mechanical 
performance . 

B.  Complete  the  concurrent  fan-in-wing  static  test  program. 

Complete,  as  planned,  the  program  for  wind  tunnel  testing  of  the 
fan-in-wing  configuration,  plus  the  associated  inlet  development  and 
engineering  analysis  work  as  described  in  the  January  4,  1961 
contract  amendment.  This  program  will  cover  approximately  75  hours 
of  testing,  including  inlet  performance;  fan  mechanical  performance 
(steady  state  and  transient);  effectiveness  of  thrust  spoiling, 
vectoring  and  ailerons  for  roll/yaw  control;  longitudinal  and  direc¬ 
tional  stability  and  static  derivatives  and  trim  control  requirements; 
tail  downwash;  ground  effect  hover  and  transition;  and  reingestion 
and  circulation  patterns. 
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D.  Begin  the  Flight  Research  Vehicle  Program,  as  currently  proposed, 

including  the  early  selection  of  the  airframe  manufacturer,  arid  the 
initiation  of  the  propulsion  system  and  aircraft  programs.  This 
will  permit  hardware  design  and  procurement  to  proceed  while  the 
results  of  items  A,  B  and  C  above  are  being  obtained  and  used  to 
define  the  ground  and  flight  tests  of  the  flight  research  program. 
In  this  way,  orderly  and  continuous  progress  can  be  made  to  mrd 
the  demonstration  of  a  lift-fan  powered  airplane  in  free  flight. 
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APPENDIX  A 


METHOD  FOR  ESTIMATING  FAN  PERFORMANCE  ABOVE  vjv  OF  0.3 


A  considerable  number  of  test  points  were  obtained  at  high  fan  speeds  up 
to  velocity  ratios  of  0.3  and  fan  performance  was  calculated  as  described 
in  Section  V-C.  At  velocity  ratios  above  0.3  only  a  few  data  points  were 
obtained  and  only  at  reduced  fan  speeds  (in  order  not  to  exceed  the  100 
knot  limit  on  the  model).  This  makes  the  calculation  of  fan  performance 
at  these  high  velocity  ratios  by  the  method  described  in  Section  V-C 
impractical. 

Fan  performance  can  be  estimated  above  V/V  =  0.3  by  the  use  of  the 

P  i  tip 

parameter  ^(Vp/V^  )  ,  which  is  reasonably  well  known  up  to  velocity 

ratios  of  0.5.  Far.  performance  changes  with  crossflow  are  due  to  the 
relative  change  of  the  pressure  levels  at  the  fan  inlet  and  fan  exit.  As 
long  as  this  difference  between  these  two  levels  is  known,  the  performance 
of  the  fan  can  be  estimated.  The  quantity  r^CVp)2  is  proportional  to  the 
difference  in  levels  of  fan  inlet  and  fan  exit  pressures;  dividing  by 
^Vtip^  nondimens ionalizes  this  quantity  so  that  it  can  be  applied  to 
any  fan  speed.  The  plot  of  VVVtip)2  is  shown  in  Figure  84,  and 
shows  that  between  velocity  ratios  of  0.3  and  0.5,  this  quantity  does  not 
change  appreciably.  From  this,  it  can  be  concluded  that  fan  performance 
between  0.3  and  0.5  Vp/Vtip  ls  essentially  constant  (i.e.,  the  ram  recovery 
is  just  sufficient  to  maintain  constant  thrust  with  increases  in  Vp/V 
above  0.3)  and  equal  to  the  calculated  performance  at  0.3  Vp/V  .  ^ 

This  conclusion  is  most  likely  optimistic  since  distortion  of  the  inlet 
increases  as  velocity  ratio  increases  and  therefore,  fan  efficiency  will  be 
affected  adversely.  The  parameter  nR(Vp/Vtip)2  can  also  be  used  in 
estimating  X353-5  fan  performance  with  other  inlets  if  the  inlet  performance 
is  known  in  terms  of  versus  Vp/Cz  1Q>2,  and  the  distortion  patterns  are 
similar  to  the  Ames  fuselage  inlet. 
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GEOMETRIC  DATA 


W  ING 


Area 

Aspect  Ratio 
Taper  Ratio 
Mean  Aero.  Chord 
Airfoil  Section 
Wing  Loading 


250  Sq.  Ft . 
5 

0.5 

7.33  Ft. 
NASA  63-210 
28  PSF . 


HORIZONTAL  TAIL 


Area 

Aspect  Ratio 
Taper  Ratio 
Airfoil  Section 


50  Sq .  Ft . 

5 

1.0 

NASA  63  A  012 


VERTICAL  TAIL 


Area 

Aspect  Ratio 
Taper  Ratio 
Airfoil  Section 


25  Sq.  Ft. 

2.5 

1 .0 

NASA  63  A  015 
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FIGURE  3  -  ASSEMBLED  ROTOR  -  BUILD-UP  #3-001 
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FIGURE  k  -  VELOCITY  PROBE  LOCATION. 
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VELOCITY  RATIO. 
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J85-7  Speed  -  RPM/Ve  X  10“^ 

FIGURE  7  -  TOTAL  AVAILABLE  HORSEPOWER  VERSUS  ENGINE  SPEED 


Ducting  Loss  -  ‘fa  of  Total  Pressure  at  Station  5-15 


High  Petition 


High  Poaitlon 


-123- 


FIGURE  12  -  UNPOWERED  AIRCRAFT  PERFORMANCE 
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Aileron  Position  -  Degrees 

FIGURE  16  -  ROLL  COEFFICIENT  VERSUS  AILERON  POSITION 
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FIGURE  17 
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FIGURE  18 
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FIGURE  20 
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FIGURE  2?  -  FAN  INLET  LOGS  VERSUS  VFL'*'TTY  RATIO 
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FIGURE  2J  -  FAS  INLET  PRESSURE  VERSUS  FLIGHT  SPEED 
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IGURE  2k  -  F/frj  INLET  RAM  RECOVERY  VERSUS  VELOCITY  RATIO 
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FIGURE  25  -  FAN  INLET  RAM  RECOVERY  VERSUS  VELOCITY  RATIO 
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FIGURE  26  -  TOTAL  FAN  THRUST  AND  ISENTROPIC  HORSEPOWER  VERSUS 
FAN  SPEED 
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Horsepower  At  Fan  Turbine  Nozzle  Inlet  (HP /Ve  5.4) 
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FIGURE  28b  -  TOTAL  THRUST  RATIO  VERSUS  ACTUAL  TURNING  ANGLE  (py) 
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FIGURE  29  -  TOTAL  FAR  THRUST  COEFFICIENT  (l^)  VS.  VELOCITY  RATIO 
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INTERACTION  LIFT  (FROM  WING  STATIC  PRESSURES)  VERSUS  VELOCITY  RATIO 
AND  EXIT  LOUVER  ANGLE 
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FIGURE  4l  -  TAIL  DOWNWASH  VERSUS  VELOCITY  RATIO 
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FIGURE  42a  -  LIFT  COEFFICIENT  VERSUS  VELOCITY  RATIO 
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FIGURE  42c  -  PITCHING  MOMENT 
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FIGURE  4ja  -  LIFT  COEFFICIENT  VERSUS  VELOCITY  RATIO 
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FIGURE  46  -  FAN  POWERED 
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FIGURE  48  -  FAN  POWERED  AIRCRAFT  PERFORMANCE 
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FIGURE  50  -  FAN  POWERED  AIRCRAFT  PERFORMANCE 
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FAN  POWERED  AIRCRAFT  PERFORMANCE 
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FIGURE  53  -  FAN  POWERED  AIRCRAFT  PERFORMANCE 


FIGURE  54  -  FAN  POWERED  AIRCRAFT  PERFORMANCE 
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FIGURE  58a  -  PRESSURE  COEFFICIENT  ON  BOTTOM  OF  FUSELAGE  VERSUS  RADIUS  RATIO 


FIGURE  -  PRESSURE  COEFFICIENT  ON  BOTTOM  OF  FUSELAGE  VERSUS  RADIUS  RATIO 
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FIGURE  62  -  PITCHING  MOMENT  COEFFICIENT  VERSUS  ANGLE  OF  ATTACK 
AND  VELOCITY  RATIO 
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FIGURE  65a  -  LIFT  COEFFICIENT  VERSUS  ANGLE  OF  ATTACK  AND  EXIT 
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FIGURE  65c  -  LIFT  COEFFICIENT  VERSUS  ANGLE  OF  ATTACK  AND  EXIT 
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FIGURE  63e  -  LIFT  COEFFICIENT  VERSUS  ANGIE  OF  ATTACK  AND  EXIT  LOUVER  ANGLE 
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FIGURE  6**a  -  IF  AG  COEFFICIENT  VERSUS  ANGIE  OF  ATTACK  AND  EXIT  LOUVER  ANGLE 


Si  -  VMT0TJJ3OD  SB-m 


£*0- 


FIGURE  6Ad  -  IFAC  COEFFICIENT  VERSUS  ANGLE  OF  ATTACK  AND  EXIT 
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FIGURE  67.  TRANSITION  CHARACTERISTICS  IN  LEVEL  FLIGHT,  WITH  MAXIMUM  AVAILABLE  ACCELERATION 
VERSUS  FLIGHT  SPEED 
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FIGURE  68.  TRANSITION  CHARACTERISTICS  FOR  LEVEL  FLIGHT  DECELERATION  VERSUS  FLIGHT  SPEED 
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FIGURE  TOtt  -  LIFT  COEFFICIENT  VERSUS  VELOCITY  RATIO  AND  EXIT  LOUVER  ANGLE 
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Blade  Stress  -  KSI  X  10  single  amplitude 
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FIGUBE  80  -  AFT  FRAME  SAW  CUT  COMPRESSION 
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